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On January 14th, the President announced a Vision for Space Exploration. In his address, the President
presented a vision that is bold and forward-thinking, yet practical and responsible — one that explores
answers to longstanding questions of importance to science and society and will develop revolutionary
technologies and capabilities for the future, while maintaining good stewardship of taxpayer dollars.

The material contained herein is intended as one step in developing a broader understanding as to what
is required for human space exploration beyond low-Earth orbit. A multi-center NASA team led by the
Lyndon B. Johnson Center during the spring and summer of 2004 conducted analyses contained in this
report. Included are analyses of requirements definition, exploration architectures, system development,
technology roadmaps, and risk assessments for advancing the Vision for Space Exploration. The analy-
sis contained herein is intended to provide an understanding as to what is required for human space ex-
ploration beyond low-Earth orbit. In addition, these analyses help identify system “drivers”, or significant
sources of cost, performance, risk, and schedule variation along with areas needing technology develop-
ment. These analyses were conducted as part of an integrated analysis plan and are merely a snapshot
of analysis to date. In such, any recommendations, results, and conclusions gained from this report are
not conclusive in themselves and must be coordinated with other analyses being performed.

Vii
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1.0 Introduction

The Lunar Design Reference Mission 2 (LDRM-2) study was initiated by NASA Code T, later
renamed the Exploration Systems Mission Directorate, in April of 2004 to perform a series of
focused lunar mission trade studies intended to provide a better understanding of the relative
benefits of differing mission approaches, as well as to determine mission sensitivities to key sys-
tem design parameters.

The intent of the planned lunar missions is to support a wide range of scientific investigations,
technology and systems development, and integrated testing to reduce the risks of future human
exploration of Mars. Three LDRM studies were originaly outlined to bracket a range of poten-
tial lunar mission scenarios and associated flight element functionality. LDRM-1 consists of a
seven-day surface stay in the equatorial region of the moon. LDRM-2 is also based on a seven-
day lunar surface stay, but includes global lunar access with the capability to initiate an Earth
return at any time. LDRM-3 provides the capability for a long-duration lunar surface stay in the
range of thirty to ninety days with multiple missions to a single polar landing site outfitted with
additional surface elements.

The LDRM-2 exploration objectives and requirements were selected as the starting point for the
lunar architecture study. The Phase 1 deliverables from the LDRM-2 study document the results
of the architecture analyses associated with short duration lunar missions with global access ca-
pability. The LDRM-2 study was subsequently expanded with a Phase 2 effort focused on the
LDRM-3 exploration objectives. The LDRM-2 Phase 2 deliverables document the results of the
architecture analyses associated with long duration lunar missions with a restricted range of sur-
face access.

The results of the LDRM studies will support the development of Level 1 requirements for the
Crew Exploration Vehicle (CEV) by quantifying the sensitivities of flight elements to key sys-
tem design parameters and subsystem technol ogies in the context of an end-to-end lunar mission.
The definition and sizing of a complete lunar mission also provides valuable insight into the
launch vehicle characteristics and infrastructure that are needed to support the delivery of flight
elementsto low Earth orbit (LEO).



Exploration Systems Mission Directorate
Title: Lunar Architecture Focused Document No.: ESMD-RQ-0005 Baseline
Trade Study Final Report Effective Date: 22 October 2004 Page 2

2.0 Study Scope
21 LDRM-2Background

There are three basic architectures for executing a human lunar exploration mission - direct re-
turn (also referred to as lunar surface rendezvous or LSR), libration point rendezvous (LPR) and
lunar orbit rendezvous (LOR) - defined by the method that is employed to return the crew to the
Earth after the conclusion of lunar surface operations. Due to orbital mechanics considerations,
each of these architectures offers distinct advantages and disadvantages with respect to a given
set of mission objectives and requirements. The purpose of the LDRM-2 task is to provide fo-
cused “down-and-in” assessments of specific lunar exploration mission designs. The LDRM-2
study results are intended to complement the data from parallel NASA exploration studies. Some
of these studies are focused on the launch and lunar surface system segments required for alunar
exploration mission. Others are targeted to a broad, higher-level assessment of lunar architecture
alternatives including advanced subsystem technologies.

The LDRM-2 study evolved into two separate phases, each focused on a specific lunar explora-
tion architecture. The Phase 1 mission leverages the cislunar Earth-moon libration point known
as“L1” asan orbital staging point to enable global lunar access with anytime return capability to
Earth. The Phase 2 mission is based on a variant of the lunar orbit rendezvous approach em-
ployed successfully during the Apollo Program. Unlike Apollo, however, the Phase 2 mission is
targeted to long duration, near-polar lunar surface missions. The Phase 1 and Phase 2 results are
documented in separate volumes of the LDRM-2 Final Report.

Element mass is a primary driver for the Earth-to-orbit launch vehicles and is often also used as
the basis for cost estimation. Therefore, the flight element mass estimates developed using the
Envision parametric sizing tool are key products of the LDRM-2 study. Element sizing is based
upon a top-level nominal mission timeline, functional requirements, critical spacecraft dimen-
sions, mission environments and subsystem component and propellant selections. A common set
of mission environments and subsystem technology options, which were identified early in the
execution of the LDRM-2 Phase 1 task, were applied to the sizing for both the Phase 1 and Phase
2 missions. The associated technology and environment reports provided in Section 20.0 were
also submitted to the NASA Headquarters Exploration Systems Mission Directorate to support
the development of an overall exploration technology development and testing plan.

Independent studies of launch vehicle capabilities and lunar surface infrastructure are being pur-
sued in paralel to the LDRM-2 task. Initially the flight elements designed in the LDRM-2 study
may not fit within the payload mass and volume envelopes deemed feasible for the next genera-
tion of launch vehicles. Similarly, the cargo delivery capability of the LDRM-2 flight elements
has not yet been linked with the infrastructure requirements currently being defined for long du-
ration lunar surface missions. In subsequent design cycles, however, the requirements and con-
straints associated with the ground, flight and lunar surface segments will be blended to establish
comprehensive and integrated lunar mission architectures.
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2.2 Phase1 Mission Definition

The LDRM-2 Phase 1 mission leverages the cislunar Earth-moon libration point known as “L1”
as an orbital staging point to enable global lunar access with anytime return capability to Earth.
As shown in Figure 2.2-1, L1 is one of five points of balance between the gravitational fields of
the Earth and Moon. The L1 rendezvous approach takes advantage of the fixed orbital relation-
ships of the Earth, Moon and the L1 libration point to provide global lunar access with the ability
to initiate a return to Earth from the lunar surface viathe L1 point at any time. The same orbital
mechanics considerations facilitate element phasing and rendezvous at the libration points, mak-
ing it feasible and practical to pre-deploy a lander or other assets to the L1 libration point. Pre-
deployment of flight assets in a multi-launch Earth-to-orbit strategy minimizes the required

number of unique element mating interfaces and also reduces the duration of flight element ex-
posure to low Earth orbit debris.

Figure2.2-1: Earth-Moon Libration Points
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Libration points other than L1 have been considered for human lunar exploration missions. But
L1 offersthe best overall combination of performance (AV) and transit time. A spacecraft parked
at an Earth-Moon libration point is subject to small, destabilizing gravitational influences from
other bodies, most notably solar perturbations. Elements loitering at L1 must perform occasional,
small station-keeping maneuvers to maintain orbital position.

2.3 Phase1 Study Approach

The LDRM-2 Phase 1 study was defined in the context of a “trade reference mission” or TRM
which later became known asthe “L1 TRM” to distinguish it from its Phase 2 polar LOR coun-
terpart. As shown in Figure 2.3-1, the primary inputs to the Phase 1 study are the customer re-
guirements (task statement assumptions), design environments and sel ected subsystem technol o-
gies. In order to provide a more complete understanding of the L1 TRM sensitivities, the refer-
ence mission is supplemented with a number of incremental architectural and parametric varia-
tions. With the exception of the Phase 1 LOR case, only one primary design variable is modified
for each of the mission variants.

— Requirements
Mass Estimation Benchmark Trade Reference

“Pseudo-Apollo” Mission

Design Environments

Subsystem Technologies

Architectural Variations
e 2-launch solution

Parametric Variations
» Alternate propellants.

* 3-launch solution « Alternate power sources.

« 25mt launch constraint » Variation in return payload
* Initial CEV/lander mating in LEO

» Single pass aerocapture, deorbit phasing,
and capability of land landing

« Variation of delivered payload to the lunar surface
» All versus partial crew to the lunar surface
Reduce crew size to 2
Increase crew size to 6
Change in time between launches (7 to 30 days)

Reduce lunar surface stay time to 3 days

Architectural Variation « Increase lunar surface stay time to 14 days
* Lunar Orbit Rendezvous of CEV/lander + Effects of elimination of CEV contingency EVA
requirement

Mass effect of supplemental radiation shielding

Figure 2.3-1: LDRM-2 Phase 1 Study Approach

The Phase 1 LOR architectural variant represents a significant departure from the L1 TRM in
terms of orbital mechanics. Whileit isrelatively straightforward to depart from LEO, rendezvous
with a pre-deployed element at L1 and access a desired landing site on the lunar surface, the
same operation is potentially much more complicated for a lunar orbit rendezvous architecture.
The Phase 1 LOR approach uses an optimized parking orbit that is aligned with the nominal de-

4
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scent and ascent points on the lunar surface to minimize plane change requirements. If the LOR
mission is not executed on schedule then the orientation of the parking orbit of the pre-deployed
element may not be optimal for either the Earth orbit departure and lunar orbit rendezvous, or the
descent to the lunar landing site. Therefore, the Phase 1 LOR variant employs a tandem Earth
orbit departure in which the CEV, lander and other propulsive stages rendezvous in LEO and
depart for the Moon as an integrated stack. Except for the use of multiple launches to deliver the
flight elements to LEOQ, this is very similar to the Earth orbit departure approach that was em-
ployed during the Apollo Program.

The primary objective of the Envision mass estimation software is to provide relative sizing re-
sults to assist in the identification of promising design aternatives. In order to provide confi-
dence in the general magnitude of the mass results, a “Pseudo-Apollo” sizing benchmark was
developed during the Phase 1 study. Additional information on the Envision sizing tool and the
Pseudo-Apollo benchmark is provided in Section 6.0.

24 Figuresof Merit

Figure of Merit (FOM) categories and subcategories were defined by the NASA Exploration
Systems Mission Directorate to support a methodical comparison of lunar architecture options.
Where possible, the LDRM-2 |unar architectures were quantitatively or qualitatively evaluated
using the FOM categories defined in the LDRM-2 task statement (see section 4.3 for additional
information):

e Safety and Reliability

e Effectiveness and Evolvability

e Development Risk and Schedule
o Affordability

The LDRM-2 study provides severa types of numerical data to support relative comparisons of
lunar mission architectures. Element and total architecture masses are traditional figures of merit
used to estimate program development and recurring costs. Elements masses are also used to
define launch vehicle requirements in terms of payload capacity and the required number of
launches, both of which are likely to be significant cost drivers. In addition, the number and type
of flight elements in combination with the launch vehicle size and launch frequency are key fac-
torsin determining ground infrastructure reguirements.

Operational considerations, particularly those that affect crew safety, are also of critical impor-
tance in assessing the relative merits of lunar architectures. Critical events lists were devel oped
for the L1 TRM and each of the architectural variants to provide a basis for evaluating safety and
mission risks. Operational concepts and mission timelines were also developed to quantify the
number of element interfaces and propul sive maneuvers as well as the mission durations for crew
and flight elements, both total and by mission phase. Consideration was also given to functional
redundancy and Earth return capability for off-nominal situations involving major systems fail-
ures. However, additional time and resources will be required to perform detailed abort assess-
ments.
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2.5 Apollo Program Background

The total AV required for a lunar mission from Earth departure through Earth return, including
the lunar descent and ascent maneuvers, is roughly 9 to 10 km/s (29,500 to 32,800 ft/s). That
total is comparable to the AV required for launching payloads from the surface of the Earth to
low Earth orbit. In contrast, typical crewed LEO missions require only about 0.35 km/s (1,150
ft/s) of on-orbit AV for rendezvous and deorbit — less than 4% of the lunar mission value. As a
result, the combined mass of the flight elements delivered to low Earth orbit for a chemical pro-
pulsion lunar mission is typically well in excess of 100t (220 Klb), and can easily exceed 200t
(441 Klb) for a robust set of mission requirements. The Apollo lunar stack, which is often used
as abasis of comparison for lunar exploration studies, had an IMLEO equivalent of roughly 138t
(304 Klb). Severa different lunar mission architectures were debated at length in the early years
of the Apollo Program. The ability to package a complete lunar mission in a single launch of a
Saturn V-class vehicle was a critical factor in favor of the lunar orbit rendezvous approach.

The Apollo Program employed single-launch LOR missions to provide access to near-equatorial
lunar landing sites for periods up to 3 days. The Lunar Module (LM) transported two astronauts
between low lunar orbit (LLO) and the lunar surface and supported crew activities during the
surface mission. The Command Service Module (CSM) covered a range of functions throughout
the mission from launch through re-entry and landing. The Service Module (SM) provided main
propulsion for the lunar orbit insertion of the mated CSM/LM configuration and the lunar orbit
departure of the CSM, and also provided power and life support consumables to the Command
Module (CM). The primary responsibilities of the Command Module included crew accommoda-
tions and flight avionics functions including guidance, navigation and control, data management
and communications. The Command Module aso included the thermal protection and parachutes
required to safely recover the three astronauts at Earth. The same basic functionality must be
provided for any lunar exploration mission.

In the context of the LDRM-2 study, the flight element most similar to the Apollo LM is referred
to simply as the “lander” while the closest analog to the Apollo CSM s referred to as the Crew
Exploration Vehicle (CEV). The relative similarity of the LDRM-2 elements to the Apollo
spacecraft in terms of size and function is dependent upon the selected mission approach and the
allocation of functions among the flight elements. For instance, an L1 rendezvous mission places
greater functional responsibility on the lander element for both propulsion and crew accommoda-
tions than does an LOR mission. A direct return mission, in contrast, essentially blends the func-
tions of the LM and CSM (or lander and CEV) into a single spacecraft.
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3.0 Executive Summary

Although the LDRM-2 Phase 1 study focuses on L1 rendezvous, the Phase 1 architectural vari-
ants provide valuable insight into the lunar orbit rendezvous and direct return alternatives for
human lunar exploration. The L1 rendezvous approach offers a mixture of the characteristics of
the lunar orbit rendezvous and direct return architectures. In terms of basic orbital mechanics, L1
rendezvous can be viewed as a special case of lunar orbit rendezvous in which the L1 libration
point represents a very high lunar orbit with unique properties. In terms of inherent mission
flexibility for lunar landing site access and Earth return opportunities, L1 rendezvous resembles
direct return, but with an interim L1 return target rather than Earth. In terms of initial mass in
low Earth orbit, L1 rendezvous falls between lunar orbit rendezvous at the low end and direct
return at the high end. Each of the three lunar architectures is capable of supporting a robust lu-
nar exploration program, but each also involves a unique set of strengths and weaknesses that
must be considered in the context of the mission objectives and requirements.

The fundamental characteristics of the three lunar architectures are dictated by the orbital me-
chanics of the Earth-Moon system. The key considerations in the architecture selection process
are the exploration mission objectives and the Earth-to-orbit launch strategy. Exploration objec-
tives involving global lunar access and extended mission durations with anytime Earth return
mesh well with the L1 rendezvous and direct return architectures. Constraints on launch mass
will tend to favor an optimized lunar orbit rendezvous approach, as will constraints on the re-
quired range of access and/or duration of lunar surface missions. A long-term mission plan that
involves rendezvous with space-based assets works well with an L1 rendezvous approach. Archi-
tecture selection criteria emphasizing mission flexibility and the ability to deliver greater cargo
mass to the lunar surface during a cargo mission over lower initial mass in low Earth orbit will
tend to favor direct return.

3.1 Lunar Surface Accessand Earth Return Capability

The L1 rendezvous and direct return architectures inherently provide a wide range of mission
flexibility in terms of landing site access and surface stay times for along-term lunar exploration
program. Both of these architectures support short duration expeditions targeting sites of scien-
tific interest as well as longer duration missions utilizing emplaced surface assets anywhere on
the lunar surface. Both architectures also inherently offer the capability to initiate a return to
Earth at any time during the lunar surface stay. The direct return architecture provides anytime
Earth return by eliminating the inbound rendezvous in favor of optimized lunar ascent and depar-
ture maneuvers. As a result, however, the direct return architecture incurs the mass penalty of
transporting the propellant required for Earth return (AV ~850 m/s) to the lunar surface and back
to lunar orbit. The L1 rendezvous approach takes advantage of the fixed orbital relationships of
the Earth, Moon and L 1 to provide the capability for anytime Earth return from the lunar surface.
However, the lander ascent stage must provide the additional propulsion needed for the lunar
orbit departure (AV~600 m/s) and L1 arrival (AV~250 m/s) maneuvers. In addition, the L1 ren-
dezvous approach adds approximately 2.5 days to the one-way transit time between the Earth
and the Moon.
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By including substantial plane change capability on the CEV and the lander elements, the lunar
orbit rendezvous architecture can provide the same mission flexibility in terms of global lunar
access and variable mission duration with anytime Earth return. However, the Phase 1 mass trend
lines indicate that the total mass of the lunar orbit rendezvous architecture will be roughly com-
parable to the mass of the L1 rendezvous approach when sized for maximum mission flexibility.
The primary advantage of the lunar orbit rendezvous architecture is that it can be tailored to en-
velope adesired subset of mission capabilities by optimizing the characteristics of the lunar park-
ing orbit and the plane change capabilities of the CEV and lander. Significant flight element size
and mass reductions can be realized by constraining the range of landing sites, surface mission
durations or off-nominal Earth return opportunities, and optimizing the flight elements for the
performance variations over the range of planned missions. Similarly, the capability to initiate a
return to Earth at any time during the lunar surface stay is an optional capability for the lunar
orbit rendezvous architecture. In general, nominal and off-nominal Earth return opportunities for
lunar orbit rendezvous missions are obtained via plane change capability, loiter capability, or a
combination of the two. Anytime return to Earth from the lunar surface requires sufficient plane
change capability in the CEV and lander to handle a worst-case aignment of the landing site
with the CEV parking orbit as well as a worst-case alignment of the CEV parking orbit with the
Earth return departure vector.

3.2 Initial Massin Low Earth Orhbit

The primary disadvantage of the L1 rendezvous and direct return architectures is a high initial
mass in low Earth orbit (IMLEO) relative to a constrained and optimized lunar orbit rendezvous
approach. Although the direct return architecture requires the lowest total mission AV, the bur-
den of transporting the Earth return propellant to the lunar surface results in the highest architec-
ture IMLEO. The L1 rendezvous architecture is more mass efficient than the direct return ap-
proach because its Earth return propellant is not carried to the lunar surface. However, the addi-
tional AV associated with L1 arrival and departure maneuvers still results in a relatively high
architecture IMLEO (Phase 1 estimate of 230t). The direct return and the L1 rendezvous archi-
tectures are functional “package deals’ providing maximum mission flexibility — global lunar
access with extended mission durations and anytime Earth return capability — at the expense of
higher architecture IMLEO and massive lander elements.

Despite the Phase 1 mission requirements for global lunar access with anytime Earth return ca-
pability, it is possible to provide alower mass solution using the lunar orbit rendezvous architec-
ture by taking advantage of the limited duration of the lunar surface mission. Based on the pro-
pulsive efficiencies of the Phase 1 flight elements, the lowest mass solution uses an optimized
lunar parking orbit that minimizes the lunar descent and ascent plane change required for any-
time Earth return over the seven-day surface stay. Using this approach, a lunar orbit rendezvous
mission satisfying the Phase 1 mission requirements resulted in an IMLEO estimate of 199t in
comparison to the L1 rendezvous value of 230t — a reduction of 31t (13.5%).

The LDRM-2 Phase 1 study results demonstrate that the goal of optimizing architecture IMLEO
is not necessarily achieved by minimizing total mission AV. The distribution of AV among the
flight elements is also of critical importance because of the flow down of mass from flight ele-
ment to flight element via the rocket equation. In general, the lowest mass solution will be
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achieved by biasing the AV distribution from the lander ascent and descent stages towards the
CEV and Earth Departure Stages. This is especially true when the EDS employs high-
performance cryogenic propellants.

3.3 Définition of Flight Elements

The propellant selection, number of flight elements and allocation of major maneuvers among
flight elements are key design variables that can have major mass and complexity impacts within
agiven lunar architecture.

Early in the Phase 1 study the decision was made to baseline the use of pressure-fed liquid meth-
ane and oxygen for the CEV and lander and a higher performance combination of liquid hydro-
gen and oxygen for the Earth Departure Stages. The choice of pressure-fed liquid methane and
oxygen for the CEV and lander is supported by its simplicity, reliability, moderately high Isp and
energy-density, storability in the space environment and compatibility with potential in-situ re-
source development, particularly at Mars. In addition, lander operational considerations such as
landing stability, ascent stage height for crew egress/ingress and launch packaging constraints,
favor the more compact lander design offered by an oxygen/methane propulsion system. It is
possible to reduce the mass of the lander descent stage through the use of liquid hydrogen and
oxygen propellants, athough the magnitude of the benefit depends on the ascent stage mass
(payload) and the magnitude of the descent stage AV. Reductionsin IMLEO of 11% or more are
possible for the direct return architecture, for example, when the lunar orbit arrival maneuver is
allocated to the lander descent stage. However, the lander mass benefit must be considered in
light of the greater complexity of the pump-fed engines and the large increase in tank volume
associated with the storage of liquid hydrogen. In the case of the Earth Departure Stage and the
Kick Stage used in the L1 trade reference mission (TRM), the higher performance of the pump-
fed liquid hydrogen and oxygen propulsion system was the primary consideration.

Variations in the allocation of major propulsive maneuvers (AV) and the propellant selection
(Isp) among flight elements will significantly affect total architecture mass and mass distribution.
In addition, the maneuver alocation affects element functiona requirements including opera-
tional environments, design lifetime and number of planned engine restarts. The optima number
of propulsive stages is driven by a range of considerations including total mission AV, launch
vehicle payload constraints, number of launches, number of dynamic element interfaces and
complexity of on-orbit assembly. A lunar mission naturally splits into three to five propulsive
stages depending upon the selected mission architecture and associated launch constraints — a
CEV, one or two lander stages and one or two Earth Departure Stages. Given the total lunar mis-
sion AV of roughly 9,000 to 10,000 m/s, the mass benefits of additional propulsive stages are
generally modest because the staging efficiency is partialy offset by an increase in dry mass. In
the case of the L1 TRM, however, a sixth “Kick Stage” using liquid hydrogen and oxygen pro-
pellants was added to the lander and assigned the outbound L1 arrival, L1 departure and lunar
orbit arrival maneuvers totaling approximately 1,800 m/s. The transfer of approximately one-
fifth of the total mission AV to the Kick Stage reduced the mass of the lander descent stage by
41%. The increase in the number of propulsive stages in combination with the higher Isp of the
Kick Stage relative to the lander descent stage resulted in an overall IMLEO reduction of nearly
7% for the L1 TRM.
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3.4 L aunch Vehicle Considerations

The size and mass of the flight elements directly impact the design and cost of the launch system
in terms of maximum payload mass, maximum payload volume/dimensions and number of
launches required per lunar mission. Depending upon the selected mission architecture and asso-
ciated mission requirements, the flight elements may not divide cleanly into an arbitrary number
of launches, resulting in a more expensive launch vehicle with both a large payload fairing and a
high payload mass capability. A requirement to divide flight element launches between dedicated
cargo and human-rated launch vehicles adds another constraint to the design of the flight ele-
ments.

A multi-launch mission strategy using low Earth orbit assembly of flight elements can be em-
ployed to reduce the maximum required payload capacity of the launch vehicle. In contrast to the
daily mission opportunities afforded by a single-launch approach, however, an Earth orbit depar-
ture opportunity for L1 or the Moon only occurs roughly every eight to twelve days from an es-
tablished low Earth orbit. Therefore, a lunar mission architecture using low Earth orbit assembly
of flight elements may be more sensitive to launch delays or other schedule impacts.

The simplest launch vehicle packaging approach is to split the elements functionally, and then
subdivide the larger elements, as required, to meet the launch vehicle payload constraints. Using
this approach, the element breakdown for the four-launch L1 trade reference mission includes a
CEV, lander and two Earth Departure Stages. The Earth Departure Stages are unequally split in
terms of mass to support pre-deployment of the lander element to L1. The lander EDS (94t) is
the payload mass driver for the cargo launch vehicle while the lander (70t including the Kick
Stage) is the likely driver for the payload fairing dimensions. At approximately 27t, the CEV is
towards the upper range of payload capability for current generation expendable launch vehicles
and is the design driver for the human-rated launch vehicle.

Different groupings of the L1 TRM flight elements were examined to support two-launch, three-
launch and payload-limited (25t) launch scenarios. From a crew standpoint, the two-launch and
three-launch approaches result in the elimination of CEV rendezvous operations with the EDS in
LEO and a reduction in on-orbit mission duration by roughly four days. The grouping of the
CEV and its EDS into a single human-rated vehicle launch of 57t plus a launch escape system
also offers the capability for a daily CEV Earth orbit departure opportunity for a split-mission
Earth orbit departure. The three-launch scenario has no material impact on the required payload
capacity for the cargo launch vehicle relative to the four-launch case. In contrast, the two-launch
scenario requires a cargo launch capacity of 159t, but provides only modest operational advan-
tages relative to the three-launch case. The use of a launcher limited to a payload of 25t resultsin
ten launches for the L1 TRM, seven for the lander mission and three for the CEV mission. The
lander EDS is divided into four separate launches in order to fit on the 25t launcher, and the lan-
der descent, ascent and kick stages must be launched separately. The three launches for the CEV
mission consist of two EDS elements and the CEV. The operational issues associated with de-
signing, launching and assembling a large number of elements for a single lunar mission are sig-
nificant. In addition, the 25t launch vehicle approach increases the complexity of the mission
planning associated with the disposal of spent propulsive stages. Because the mgority of the
Earth-to-orbit launch mass is in the form of propellant, the option of using on-orbit fueling
should be considered for payload-limited launch vehicle strategies.

10
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The four-launch strategy for the lunar orbit rendezvous approach is essentially the same as de-
scribed for the L1 trade reference mission. However, the tandem Earth orbit departure employed
for the LOR variant enables an equal-mass split of the Earth Departure Stages (71t each), thus
significantly reducing the maximum launch vehicle payload requirement. Because the lander is
operating from a low lunar orbit, its mass (33t) and dimensions are also substantially less than
estimated for an L1 rendezvous mission. In contrast, the similarity in CEV propulsive require-
ments between the L1 TRM and the LOR variant resulted in ssmilar CEV gross masses (27t ver-
sus 23t for the LOR variant). It is important to keep in mind that the gross masses of the flight
elements can vary significantly in response to changes in key sizing inputs such as AV distribu-
tion, propulsive efficiency or Earth orbit departure strategy.

A four-launch strategy for the direct return approach includes a CEV, lander descent stage and
two Earth Departure Stages. The most straightforward CEV design implementation for the direct
return architecture combines the functionality of the lander ascent stage with the CEV propulsion
and crew accommodations needed for the Earth-Moon transits. Detailed sizing estimates for the
direct return architecture were deferred until after the completion of the Phase 1 and Phase 2
studies, although preliminary results indicate a gross mass in the range of 260t using the Phase 1
requirements with low Earth orbit assembly. Substantial reductionsin IMLEO are likely with the
use of cryogenic propellants on the lander descent stage.

3.5 Earth Orbit Departure Strategy

The Earth orbit departure (EOD) strategy can have significant impacts on the mass distribution,
functionality and complexity of the flight elements within a given lunar architecture. One ap-
proach is the tandem EOD used in the Apollo missions in which all of the flight elements depart
Earth orbit as an integrated stack. The split mission EOD is an aternate approach in which the
flight elements depart Earth orbit as separate stacks. The split mission EOD can be further di-
vided into convoy and pre-deployment approaches that are defined by the relative timing of the
split mission EOD maneuvers. In a convoy approach the separate stacks depart Earth orbit in
close succession, thus simulating a tandem EOD without the need to mate all of the elementsin
low Earth orbit. In a pre-deployment approach one or more flight elements are dispatched to a
forward location prior to the launch of the crew.

351 Tandem Earth Orbit Departure

A tandem Earth orbit departure approach works well with any of the three basic lunar architec-
tures, but requires low Earth orbit assembly of launch elements for a multi-launch Earth-to-orbit
strategy. The tandem EOD approach enables an equal-mass split between the Earth Departure
Stages which typically results in a lower maximum payload requirement for the launch vehicle,
and also eliminates the need for an outbound lunar rendezvous for the LOR and direct return
architectures. The drawback of the tandem EOD approach for a multi-launch strategy is that two
dynamic mating interfaces will be needed on some flight elements to enable the assembly of a
complete lunar stack.

11
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35.2 Split Mission Earth Orbit Departure

For the four-launch case specified in the L1 TRM, a split mission EOD limits the number of dy-
namic mating interfaces to one per flight element. Because the CEV and lander must mate to
enable the transfer of crew, the same dynamic mating interface can be replicated on each of the
Earth Departure Stages in the four-launch case.

Operationally, the convoy version of the split mission EOD is effectively a tandem EOD with a
deferred flight element rendezvous in the lunar vicinity. Assuming that the convoy EOD maneu-
vers are executed nominaly, this approach should work well with any of the three basic lunar
architectures. Preliminary investigations indicate that an outbound phasing and rendezvous of
convoyed flight elements in lunar orbit is feasible. In contrast to the more familiar low Earth
orbit case, however, the CEV chaser will phase down in altitude to rendezvous with the lander
target.

In the pre-deployment version of the split mission EOD, a mission asset can be delivered to the
lunar surface or parked in the lunar vicinity. Due to the unique nature of the libration points, an
Earth orbit departure opportunity for L1 naturally provides a straightforward rendezvous oppor-
tunity with a mission asset parked at L1. As aresult, flight elements or other assets can be pre-
deployed to L1 without imposing unreasonable schedule or rendezvous constraints on a lunar
mission. The same rationale explains why L1 is often used as a “waypoint” for more ambitious
near-Earth exploration approaches in which a space station or refueling depot is located at L1,
sometimes in combination with lunar propellant production and areusable lander.

In contrast to the L1 rendezvous situation, however, a pre-deployed flight element in a general
lunar orbit may not be easily accessible from a defined low Earth orbit except on infrequent oc-
casions, or with the use of additional propulsion. This outbound rendezvous problem is simpli-
fied if the asset is located in an equatorial or polar orbit about the Moon rather than in an arbi-
trary orbit. In either case, however, the lunar parking orbit of the pre-deployed asset will define
the landing site opportunities for a given mission within the performance constraints of the flight
elements.

3.6 Cargoddivery

The ability to deliver alunar habitat, power generation equipment and cargo to the lunar surface
is an important consideration for lunar exploration missions involving lengthy surface stays. De-
pending on the surface mission requirements, the sizing of the lander and in-space propulsion
stages may be driven by cargo delivery requirements rather than by the ascent stage and crew
modul e associated with a crewed lander.

If the lander is optimized for the human exploration mission, the maximum potential cargo capa-
bility of the lander descent stage is roughly the mass of the lander ascent stage and crew module.
As aresult, the direct return architecture offers the highest single-mission cargo delivery capacity
of the three architecture alternatives. Conversely, an optimized lunar orbit rendezvous approach
offers the lowest cargo delivery capability.

12
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3.7 Mission Environments

The CEV must be designed to operate in a wide range of environments beginning with the com-
plex, but well-understood thermal, radiation and MMOD environments of low Earth orbit. The
duration of CEV exposure to the LEO environment could vary from hours to days depending on
the selected launch strategy and Earth orbit departure approach.

After the CEV departs LEO, it will pass through the Van Allen radiation belts and enter a “free-
gpace” thermal, radiation and micrometeoroid environment during the transit to the vicinity of
the Moon. During the transit phase the Earth and the Moon will have limited influence on the
CEV operating environment. A CEV parked at the L1 libration point will experience this free-
space environment throughout the lunar surface phase of the mission. A slow roll of the CEV, if
compatible with the design of the spacecraft subsystems, can be employed to more evenly dis-
tribute the solar flux.

In the lunar orbit rendezvous architecture the CEV remains parked in orbit around the Moon dur-
ing the lunar surface phase, and is subject to a more complex range of thermal inputs. Because
the Moon has no atmosphere to moderate surface temperatures, lunar surface infrared emissions
vary widely depending on lighting conditions, and can represent a significant thermal input to a
CEV inalow lunar orbit. The orbiting CEV will also be subject to frequent light/dark cycles that
are afunction of the relative positions of the CEV, Sun and Moon as well as the atitude and in-
clination of the CEV lunar orbit. A slow roll of the CEV, if compatible with the design of the
spacecraft subsystems, can be employed to more evenly distribute the thermal inputs.

In the direct return architecture the CEV is integrated with the lander and carried to the lunar
surface. During the lunar surface mission the CEV will experience the range of therma and
lighting conditions associated with the latitude of the selected landing site. In general, the lunar
surface temperature varies from approximately +250 °F to —300 °F near the equator with more
moderate temperature peaks at higher latitudes. In practice the lunar terrain can have a signifi-
cant influence on the thermal environment of the lander on the lunar surface. Barring an unusual
lander design, the CEV will be in afixed orientation relative to the Moon during the lunar sur-
face mission.

3.8 General Mission Constraints

Any nomina mission design constraint that is coupled with the orbital mechanics of the Earth-
Moon system has the potential to greatly constrain the frequency of lunar mission opportunities.
These constraints are typically associated with orbital departure opportunities from the Earth or
Moon, mandatory outbound or inbound rendezvous events, or landing sSite loca-
tions/characteristics at the Earth or Moon. Some nominal mission constraints may be generally
incompatible with off-nominal mission events, such as an in-transit abort or an early return from
the lunar surface.

One example of alanding constraint at the Moon is the Apollo Program specification of a near-
dawn lighting condition to facilitate visual identification of landing hazards. Lighting conditions
on the lunar surface repeat on approximately a monthly basis (lunar synodic period of 29.531
days). If a surface lighting condition is specified as a constraint for the lunar exploration pro-
gram, then it must be satisfied in conjunction with an Earth departure opportunity. The use of a
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multi-launch strategy with LEO assembly restricts the Earth departure frequency to once every 8
to 12 days. Therefore, any dlip from the nominal mission schedule will result in a lengthy delay
until the next intersection of an EOD opportunity with the desired landing site and lighting con-
ditions. A backup landing site approach is not viable in the context of long duration missionsto a
single landing and relying on a surface habitat.

A lighting constraint can also be imposed for the Earth landing site, which is located near the
lunar antipode for a direct entry mission. The lighting condition at the lunar antipode is dictated
by the position of the Moon at lunar departure. To ensure a daytime Earth landing for a direct
entry return, the CEV must depart the Moon within the two-week period centered on the full
moon. If the Earth lighting constraint is also applied to off-nominal mission events, such as an
in-transit abort or anytime Earth return from the lunar surface, then the CEV must be capable of
askip re-entry or aerocapture to enable a daylight touchdown at Earth.

Another potential mission constraint is a requirement to rendezvous with an asset in a fixed low
Earth orbit on the return (inbound) leg of alunar mission. Even with nominal mission execution,
the necessary orbital alignment for rendezvous and phasing with a fixed low Earth orbit on the
inbound leg of alunar mission is infrequent and will significantly reduce mission opportunities.
Rendezvous with a fixed LEO asset becomes even more limiting when considered in combina-
tion with other mission constraints and may not be feasible for off-nominal mission events that
force an early return to the Earth.

3.9 Earth Return and Recovery

The Apollo Program utilized a direct entry with water landing for the recovery of the astronauts
at the conclusion of the lunar missions. The Apollo capsule and similar blunt body shapes typi-
cally offer low hypersonic lift-to-drag ratios (L/D~0.3) at modest angles of attack, resulting in
very limited cross range steering in the range of 60 to 80 nautical miles. As a result, the landing
latitude for a direct entry approach is defined by the position of the lunar antipode at the initia-
tion of the lunar orbit departure burn. The landing longitude can be varied along the ground track
of the antipode by modifying the flight time of the inbound transit to take advantage of the
Earth’ s rotation. For a general lunar mission, the opportunities for the land recovery of a space-
craft using direct entry are relatively limited, particularly if the mission design involves the dis-
posal of apropulsive stage (e.g., Apollo Service Module) at the Earth.

In an aerocapture approach, a spacecraft dissipates much of its relative velocity in the Earth’s
atmosphere before exiting to a temporary phasing orbit. The spacecraft subsequently performs a
de-orbit maneuver to a landing site on or near its orbital ground track. The ability of the space-
craft to target a specific land or water site is driven by its hypersonic L/D and the period of time
it is capable of loitering on-orbit. The number of landing areas, size of landing areas, orbital in-
clination, orbital period and loiter time all factor into the orbital phasing calculations. The ability
of a spacecraft to perform an Earth aerocapture with LEO phasing greatly increases the fre-
guency of opportunities for land landing.

A variant of the L1 TRM was developed to assess the design impacts of adding aerocapture and
loiter functionality to the CEV capsule. The increase in the required propulsive capability from
10 m/sto 112 m/sfor the de-orbit maneuver resulted in a switch from the simple Tridyne RCSto
a higher performance liquid oxygen/ethanol bipropellant system. The capsule design was also
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modified to incorporate the additional stand-alone resources required for life support, thermal
control and power generation for a twelve-hour LEO loiter period and to address the impact ac-
celerations associated with a land landing. These enhancements resulted in a total architecture
mass increase of approximately 10t or 4.5% over the L1 TRM IMLEO of 230t. The size of the
launch escape rocket, which was not addressed as part of the LDRM-2 study, would also in-
crease as aresult of the changes to the CEV capsule design.

3.10 Crew-Dayson theLunar Surface

The LDRM-2 Phase 1 study included parametric variations on the number of crew and the length
of the surface mission. The L1 TRM is sized for four crew and a seven-day surface mission, or
28 crew-days on the lunar surface. Changes of plus or minus two crew to the L1 TRM approach
resulted in corresponding IMLEO changes of approximately +/- 10%, or roughly 10t per crew-
person. In the context of the L1 TRM, each additional crewperson provides seven additional
crew-days on the lunar surface. Variations in the duration of the surface stay from three to four-
teen days were also examined for the L1 TRM, and resulted in an IMLEO delta of roughly 2.4t
per day for a crew size of four. For a fourteen day surface stay the IMLEO was 246t versus the
230t for the L1 TRM. Since each additional day results in four additional crew-days on the lunar
surface, the additional 16t required for a fourteen day surface mission results in twenty-eight
additional crew-days on the lunar surface.

On the basis of crew-days on the lunar surface, it is much more efficient to increase the length of
a surface mission than to increase the number of crew. An increase in the length of the surface
mission primarily involves additional consumables for power, thermal and life support functions.
An increase in the number of crew involves additional consumables plus the mass impacts asso-
ciated with increases in the habitable volumes of the CEV and lander and additional EVA suits,
emergency supplies and similar equipment.

It should be noted that the applicability of this datais limited to lighted surface missions of lim-
ited duration. Longer duration surface missions will involve changes in subsystem technologies
that exceed the scope of these parametric analyses.

3.11 Internal Cabin Design Pressure

The selection of the cabin atmosphere pressure and composition for alunar mission is influenced
by a number of considerations including human physiology, EVA, materials flammability and
structural mass. Human physiological needs can be met over a fairly wide range of pressures as
long as the oxygen level is conducive to crew health and effectiveness. EVA factors such as pre-
breathe duration and risk of decompression sickness favor a lower cabin pressure with an en-
riched oxygen concentration. A low internal pressure also reduces the structural mass of the
cabin pressure vessel. Flammability considerations favor a higher cabin pressure with a reduced
concentration of oxygen. An operational nitrogen/oxygen atmosphere of 9.5 +/- 0.5 psia with
oxygen concentrations in the range of 27 — 30 % is believed to represent a reasonable compro-
mise for lunar exploration missions. As a basis of comparison, the cabin pressure of the Space
Shuttle Orbiter is reduced to 10.2 psia with an oxygen concentration of 30% prior to EVAS.

Although the CEV crew cabin may operate at reduced pressures during a lunar mission, there is
merit to the idea of designing it to afull atmosphere structural requirement plus relief valve mar-
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gin. Based on preliminary sizing estimates, the internal design pressure has a relatively small
impact on the mass of the cabin pressure vessel — roughly 200kg for a delta design pressure of 6
psi and arelatively large pressurized volume of 22 m® (780 ft%). Using the CEV gear ratios de-
veloped during the LDRM-2 study, 200kg of additional CEV dry mass trandlates to relatively
small IMLEO increases in the range of 1.0 to 1.3t for the L1 rendezvous and lunar orbit rendez-
vous architectures. The CEV cabin design and operational environments also differ considerably
from that of the lander. Unlike the lander, the CEV carries crew during the launch and re-entry
phases of a lunar mission. By eliminating the need to vent the CEV cabin during ascent, a full
atmosphere design would simplify operations in the event of an ascent abort, and would also
provide additional structural robustness in an ascent blast overpressure environment. A CEV
cabin designed to a full atmosphere specification could also be operated at sea level conditions
during the transit phases of a lunar mission, providing increased crew safety by reducing flam-
mability concerns. While EVA is asignificant driver for the lander crew module, the CEV only
supports contingency EV A functionality and is not driven as strongly by operating pressure con-
cerns such as prebreathe duration or risk of decompression sickness. Although not necessarily a
major consideration, afull atmosphere CEV cabin design would also improve potential compati-
bility with the International Space Station or future space-based assets.
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4.0 Task Description

4.1

4.2

Background

Human missions to the moon will be conducted in preparation for future human missionsto
Mars. Three lunar design reference missions (LDRMs) have been developed to bracket a
range of lunar mission scenarios to determine required functionality of the system ele-
ments. These missions serve as a point of departure for subsequent architecture analysis.
The trade reference mission scenario for LDRM-1 is a 7-day surface stay in the equatorial
region of the moon. LDRM-2 isa 7 day surface stay, with global access of the lunar sur-
face enabled via multiple missions. LDRM-3 is a 30-90 surface stay, multiple missionsto a
single polar site with additional surface elements.

The LDRM-2 study, which was selected as the starting point for the lunar architecture stud-
ies, employs a trade reference mission approach supplemented with a number of incre-
mental mission variations to establish design parameter sensitivities. These variants were
grouped into architecture and parametric categories.

Phase 1 Task Description

The purpose of the Phase 1 mission is to enable global access for human exploration of the
lunar surface via seven-day missions to multiple landing sites. These missions will support
awide range of scientific investigations, technology and operations development and sys-
tems testing to reduce the risks of future human exploration of Mars.

42.1 Ground Rules

Subsystem technology freeze at (TRL 6) six years before IOC (use TRL 6 by 2009 as
your reference for design). Freeze time increases to 9 years for “major architectural”
drivers (e.g., in-flight refueling).

First lunar mission 2015-2020

Exploration missions are expected to be mass and volume limited, thus placing a pre-
mium on design efficiency.

The primary focus of the study isto provide Code T with the information needed to de-
velop effective CEV Level 1 requirements.

422 Trade Reference Mission Assumptions
1. One human lunar mission per year

Return mass from the moon is 100 kg. Return samples may require conditioning (con-

| sider biological and planetary materials samples, TBD)

Payload to lunar surface (science and enhanced EVA mobility) is 500kg

4. All mission elements placed in LEO (28.5 deg 407km circular)
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5. DRM analysis should determine and baseline minimum launch capability required for a
4-launch solution.

6. Consider the lunar mission elementsto be “cargo” in terms of delivery to the LEO park-
ing orbit. The propulsive capabilities of the lunar mission elements will not be employed
for orbit insertion, but may be required for orbit maintenance.

7. Automated rendezvous and docking shall be used to assemble the elements (identify re-
quired interfaces, resources across the interfaces, and contingency operations)

8. Assume 2 weeks between launches (identify any sensitivities/major architectural implica-
tions).

9. Crew must be launched on a human rated launch system

10. A dedicated lunar lander element with a separate crew module will be used to transfer the
crew from the lunar vicinity to the lunar surface and back to lunar vicinity.

11. Surface stay 7 days
12. 4 crew with all crew going to the lunar surface
13. Daily EVAswill be conducted on the surface of the Moon from the lunar lander.

14. The CEV and lunar lander are not required to be reusable and will not be explicitly de-
signed for reusability.

15. The lunar lander will not be designed to provide functionality beyond that required for
the planned lunar surface stay time.

16. The reference lunar surface environment for landing operations and the surface stay isa
relatively benign, Apollo-type thermal and lighting condition.

17. A Crew Exploration Vehicle (CEV) element will provide the crew habitation function
from the earth’ s surface to lunar vicinity and back to the earth’ s surface.

18. The nominal Earth return for the CEV isadirect entry with awater landing.

19. The CEV design will incorporate functionality for land landing as a contingency for an
ascent abort.

20. CEV shall include the capability for contingency EVA’s

21. Radiation shielding shall be incorporated into the design of the CEV and lunar lander
crew modulesto provide a core level of biological protection for the crew during transit
and on the lunar surface (Code T to give guidance).

22. Libration point L1 is used as the lunar vicinity rendezvous point to enable global lunar
surface access.

23. Communications and tracking systems will be emplaced to support global human and ro-
botic surface operations.

24. The lunar lander will be pre-deployed to lunar vicinity prior to initiation of the CEV mis-
sion.
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25. Assume LH2/LO2 propellants for the L1 transfer stage(s).
26. Assume CH4/LO2 propellants for all other propulsive stages.
4.2.3 Specific Trades Studies

After completion of the L1 trade reference mission, a series of major variations will be
conducted to show the effect of the architectural approaches. The variations are listed in
priority order. Unless otherwise stated, the trades involve changing only the single, listed
parameter from the L1 TRM. In addition to the architectural variations, a series of smaller-
impact parametric variations will be performed on select systems to gain an appreciation of
the sensitivities for more subtle changes against the L1 TRM.

4231

1.

2.

4.2.3.2
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Architectural Variations

L1 TRM but with a 2-launch solution. The crew launch will be included in 1 of the 2
launches.

L1 TRM with a 3-launch solution. In this case, the crew launches separately, e.g., the 3
of the launches.

L1 TRM but assuming a constraint of 25 metric tons maximum per launch. Determine
number of launches required.

L1 TRM but with lunar orbit rendezvous instead of L1.

L1 TRM but withinitial CEV/lander mating in LEO instead of L 1.

L1 TRM but with single pass aerocapture, de-orbit phasing, and capability of land land-
ing instead of direct entry and water landing.

L1 TRM but with direct lunar landing instead of separate lander and L 1 rendezvous (not
an original task requirement — conduct only astime allows).

Parametric sensitivity variations (conducted against theL1 TRM)

Effect of alternate propellants.

Effect of different power source options.

Effect of variation in return payload from the 100 kg baseline.

Effect of variation of payload to lunar surface from the 500 kg baseline.
Effect of all vs. partia crew to the lunar surface.

Changein crew sizeto 2.

Changein crew sizeto 6.

Change in time between launches from 1 week to 30 days.

Effect of changing lunar surface stay time to 3 days.

. Effect of changing lunar surface stay time to 14 days.
. Effects of elimination of CEV contingency EV A requirement
. Define sensitivity to total mass as afunction of radiation shielding (e.g., curve of total

mass vs. probability of medical issue). In parallel, continue devel oping automated
tools/processes for determination of radiation protection as function of spacecraft con-
figuration.
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4.3 Figuresof Merit

Figures of Merit (FOMs) are provided for guidance in helping the analysis team develop
the baseline DRM within the constraints listed above. Data from trades and analysis should
support an independent FOM assessment. Note some FOM data has been identified as not
required for this study.

43.1

To what degree does an architecture ensure safety and productivity for all mission phases?

Safety/Reliability

Reliability estimates (Not required in this assessment)

Design redundancy (For this study, only an assessment of functiona redundancy between
elementsisrequired)

Abort options for all mission phases

Time required to return the crew to Earth at various key points in the mission in the event
of a contingency.

| dentification of mission risks and system hazards
Launch risks (Not required in this assessment)

4.3.2

To what degree does an architecture provide flexibility to meet current mission and future mis-
sion needs?

4.3.3

Effectiveness and Evolvability

Applicability and evolvahility of technologies, systems (life support, in-space propul -
sion, power), elements (CEV, landers, habitat, EV A suit, surface power, etc.), and
operations of alunar architecture to future Mars missions, and Mars mission risks that
areretired.

Assessment of degree to which the architecture allows for simple interfaces between
elements.

Assessment of architecture mission complexity (e.g. number of elements, docking
and assembly requirements, total mission duration, launch and return opportunities,
etc.).

Assessment of capability to satisfy science objectives (not required for this assess-
ment).

Development Risk and Schedule

To what degree does an architecture reduce development and schedul e risks?

New technologies used

Benefits of the new technologies (either to lunar missions or as a development step to
support Mars missions)

Current TRL of new technologies, and assessment of effort required to bring technol-
ogy to TRL 6 by 5 years prior to initial ops capability date
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e Assessment of technologies used versus |OC date

e Assessment of ability to develop required architecture elements within integrated
schedule (not required for this study)

4.3.4  Affordability

To what degree is an architecture expected to provide lower initial and total life cycle costs?

e New technologiesidentified

e Program flight elements, mass

e Program facility needs

e Identification of Program elements that will have fixed operating costs (e.g. sustain-
ing engineering hardware production, ground and mission ops, €tc.).

e Identification of Program elements that will have recurring cost for each mission (e.g.
sustaining engineering hardware production, ground and mission ops, €etc.)

e Identification of investmentsin Lunar missions that directly support future Mars mis-
sions (technologies, systems, elements)

e Tota massrequired to be delivered to LEO to support initial mission (includes pre-
deployed/infrastructure, if any) and for each subsequent mission.
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50 LDRM-2 Study Participants
5.1 Rolesand Responsibilities by Organization

The LDRM-2 study benefited from the contributions of a wide range of personnel currently sup-
porting space flight activities at the Johnson Space Center. The principal LDRM-2 team mem-
bers are listed below by organizational code. Credit is also due to the NASA Headquarters per-
sonnel managing and integrating the human and robotic exploration studies across the agency.

The LDRM-2 study leverages decades of spaceflight experience and historical design data in
combination with modern analysis tools and techniques. As a result, special acknowledgement
must be given to the contributions of the entire NASA and contractor team, both past and pre-

sent.
Organization Function ‘ Name
HQ/ESMD Task Lead Bret Drake
EX Study Lead Ed Robertson
EX Deputy Study Lead / Architecture Sizing Jim Geffre
EX Architecture Lead Kent Joosten
EX Steering Lead Chuck Dingell
EX Advanced Design Team Manager Joyce Carpenter
CB Astronaut Office Support — Primary Stan Love
CB Astronaut Office Support — Backup Michael Good
DM Mission Operations Doug Rask
DM Mission Operations Don Pearson
EC ECLSATCS Kathy Daues
EC ECLSATCS David Westheimer
EC EVA Michael Rouen
EC EVA Robert Trevino
EG Mission Analysis Team Lead Jerry Condon
EG Mission Design and Orbital Mechanics Sam Wilson (retired consultant)
EG Mission Analysis, Rendezvous Robert Merriam
EG Mission Analysis, Earth Return Tim Dawn
EG Mission Analysis, Earth Entry Mike Tigges
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EG Mission Analysis, Landing and Recovery Chris Madsen
EG Trajectory Anaysis and Visualization Carlos Westhelle
EG Trajectory Visualization Dick Ramsell
EG-UT Trajectory Design and Rendezvous Dr. Juan Senent
EG Guidance, Navigation and Control Tom Moody
EG Guidance, Navigation and Control David Strack
EP Power Karla Bradley
EP Propulsion Eric Hurlert
EP Propulsion Mike Baine
ER Robotics Rob Ambrose
ES Mechanisms James Lewis
ES Structures Greg Edeen
ES Thermal Protection System Chris Madden
ES TPS/IPTCS Steve Rickman
EV Software Helen Neighbors
EV Software Sid Novosad
EV Software David Jih
EV Communications and Tracking LauraHood
EV Data Management System Coy Kouba
EX Operations and Systems Integration Karl Pohl
EX Operations and Systems Integration Jon Lenius
EX Mass Properties Wayne Peterson
EX Design Integration Ann Bufkin
EX Design Integration Liana Rodriggs
EX Crew Survival Leo Langston
EX Technology Assessment Keith Williams
EX Computer-Aided Design Tim Cooper
EX Co-op Student Jayleen Guttromson
EX Co-op Student John Christian
EX-LM Information Management DemetrialLee
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NX SR& QA Jan Railsback
NX SR& QA Randy Rust
NX —GHG SR& QA Bryan Fuqua
NX —GHG SR& QA Clint Thornton
SF Concept Exploration Lab Joe Hamilton
SF Crew Systems and Habitability Susan Baggerman
SK Radiation Frank Cucinotta
SL Space and Life Sciences John Charles
SL Space and Life Sciences Tom Sullivan
SX Micro-Meteoroid and Orbital Debris Eric Christiansen

5.2 Final Report Documentation
The following individuals authored or provided material contributions to sections of the LDRM-

2 Final Report.
Section Description Authors
Section 1 Introduction Ed Robertson
Section 2 Study Scope Ed Robertson
Section 3 Executive Summary Ed Robertson
Section 4 Task Description Bret Drake
Section 5 LDRM-2 Study Participants Ed Robertson
Section 6 Study Methods, Tools and Validations Jm Geffre
Section 7 Introduction to Major Architectural Considerations Ed Robertson
L1/LOR Hybrid Architecture Tom Sullivan
Section 8 Lunar Mission Design Considerations Jerry Condon

Sam Wilson (retired)
Robert Merriam

Michael Tigges

Tim Dawn

Carlos Westhelle

Dr. Juan Senent (UT)
Dave Hammen (Odyssey)
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Section 9 Element Overview Liana Rodriggs
Ann Bufkin
Section 10 L1 Trade Reference Mission (TRM) Jm Geffre
Safety & Mission Success Jan Railsback
Randy Rust
Bryan Fuqua (GHG)
Clint Thornton (GHG)
Mission Abort Options Leo Langston
Element Overview Liana Rodriggs
Ann Bufkin
Jim Geffre
System Technology and TRL Summary Keith Williams
Section 11 TRM with Two-Launch Solution Jm Geffre
Section 12 TRM with Three-Launch Solution Jim Geffre
Section 13 TRM with 25t Launch Limit Jim Geffre
Section 14 TRM with Lunar Orbit Rendezvous Jm Geffre
Section 15 TRM with CEV/Lander Mating in LEO Jon Lenius
Section 16 TRM with Aerocapture, Phasing and Land Touchdown | Jon Lenius
Section 17 TRM with Direct Earth Return Ed Robertson
Section 18 Architecture Comparison Ed Robertson
Section 19.1 Alternate Propellants Eric Hurlbert
Mike Baine
Section 19.2 Alternate Power Sources Jm Geffre
Section 19.3 Variation in Return Payload Mass Jm Geffre
Section 19.4 Variation in Delivered Payload Mass Jm Geffre
Section 19.5 Effect of All vs. Partial Crew to the Lunar Surface Jon Lenius
Section 19.6 Reduction in Crew Size- 2 Crew Jon Lenius
Section 19.7 Increase in Crew Size—6 Crew Jon Lenius
Section 19.8 Variation in Launch Spacing from 7 to 30 Days Jon Lenius
Section 19.9 Reduction in Lunar Surface Stay — 3 Days Jon Lenius
Section 19.10 Increasein Lunar Surface Stay — 7 Days Jon Lenius
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Section 19.11 Assessment of CEV Contingency EVA Capability Stan Love
Section 19.12 Recommended Cabin Design Pressure David Westheimer
Section 20.1 System Technology — Propulsion Eric Hurlbert
Mike Baine
Section 20.2 System Technology — Power Karla Bradley
Section 20.3 System Technology — ECLSS Kathy Daues
Section 20.4 System Technology — ATCS David Westheimer
Section 20.5 System Technology — Habitation Systems Susan Baggerman
Section 20.6 System Technology — EVA Robert Trevino
Section 20.7 System Technology — Avionics Coy Kouba
David Jih
Helen Neighbors
Section 20.8 System Technology — GN&C Thomas Moody
Brian Rishikof
David Strack
Contributing Engineers: Tim Crain
Howard Hu
Section 20.9 System Technology — C& T Laura Hood
Section 20.10 System Technology — Structures Gregg Edeen
Section 20.11 System Technology — PTCS Steve Rickman
Section 20.12 System Technology — TPS Chris Madden
Section 20.13 System Technology — Mechanisms James Lewis
Section 20.14 Mission Environment — Thermal Steve Rickman
Section 20.15 Mission Environment — Radiation Frank Cucinotta
Section 20.16 Mission Environment — MMOD Eric Christiansen
Section 20.17 Risks and Hazards Assessment Jan Railsback
Randy Rust
Bryan Fuqua (GHG)
Clint Thornton (GHG)

26




Exploration Systems Mission Directorate
Title: Lunar Architecture Focused Document No.: ESMD-RQ-0005 Baseline
Trade Study Final Report Effective Date: 22 October 2004 Page 27

6.0 Study Methods, Tools, and Validations

This section describes the design processes and tools used to conduct the LDRM-2 study. The
LDRM-2 task was primarily an architecture trade study to examine the impacts of various lunar
transportation strategies, as opposed to the more familiar detailed vehicle design studies using a
distinct pre-selected mission architecture. Therefore, the study modified the methods applied to
reflect the nature of the given task better. Measuring relative differences between architectures,
instead of absolute highly optimized vehicle mass estimates, received greater emphasis. To gen-
erate the necessary vehicle properties quickly for the many architecture and parametric variations
requested, the study team employed a spreadsheet-based parametric mass/power/volume estimat-
ing tool instead of more time-consuming manual sizing methods. The need to produce high con-
fidence results with the tool was recognized, however, so measures were taken to validate it
against historical human spaceflight examples. The team chose the as-built vehicles used in the
Apollo 17 lunar mission for comparison, and this section describes the results of those efforts.

6.1 Study Methods

Due to the large number of architecture and parametric trades requested in the LDRM-2 task
request statement, a traditional design process where subsystem experts generate initial subsys-
tem mass, power, and volume estimates for a vehicle and iterate on their estimates until the de-
sign converges was considered too impractical for the limited time alotted for the study. Instead,
asingle integrated sizing tool representing the major subsystemsin a typical exploration vehicle
was used to reduce greatly the length of time required to analyze a given architecture. This tool,
called Envision and described in detail in Section 6.2, contains embedded mass, power, and vol-
ume parametric estimating relationships to evaluate the components of a vehicle and performs
any necessary iteration internaly.

The process for conducting the LDRM-2 study began by first establishing a trade reference mis-
sion (TRM) from the architecture assumptions enumerated in the task request statement. Seven
unique candidates for the TRM were identified using different delta-V allocations and propulsion
system types for the assumed suite of architecture elements (CEV, Lunar Lander, etc.). From
these seven candidates, one option was downselected as the phase | baseline. The LDRM-2 team
developed mission and abort timelines, critical events lists, vehicle mass properties, and technol-
ogy heeds for this baseline. Next, architecture variants performed in the study using different
rendezvous strategies, launch packaging, and CEV landing modes then used the TRM as a refer-
ence to determine the relative merits of those changes. Parametric variants used the TRM, with-
out affecting the architecture, to modify key vehicle design parameters such as crew size, propul-
sion system type, and others to measure their impacts. Sections 10.0 — 19.0 of the report describe
the TRM and architecture/parametric variations in depth.

As mentioned, mass properties for the architecture elements were generated using the Envision
parametric sizing tool. This process involved first developing technology lists for TRM vehicles
by the study leads and presenting these options to subsystem experts on the team. The LDRM-2
team included specialists representing all of the major subsystems included in a typical human
spacecraft. Subsystem experts verified the lists of technologies and added, removed, or changed
the selections where appropriate. One example of a subsystem technology changed was the vehi-
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cle mating system. The initial technology list used an Apollo-like probe & drogue system to pro-
vide pressurized docking and crew transfer between the CEV and Lunar Lander. Instead, the
LDRM-2 mating system lead recommended a fully androgynous, low impact docking system.
After making any necessary changes, the team finalized the technology list. The Envision sizing
tool then generated preliminary mass properties for the CEV, Lunar Lander, Earth Departure
Stages, and Kick Stage included in the TRM. Mass properties were presented to the subsystem
experts for validation, and inputs to the sizing tool or Envision sizing algorithms were altered to
fix any outstanding sizing discrepancies. The team approved resulting mass properties for the
TRM, and finally, the study leads generated mass properties for the requested architecture and
parametric variations.

6.2 Envision Tool Description

The Envision Exploration Vehicle System Estimation tool is a Microsoft Excel-based integrated
parametric systems engineering tool developed to assess rapidly system mass, volume, and
power requirements for future human exploration concepts such as interplanetary transportation
or habitation vehicles. It has been in development since 2001 to assist exploration architecture
and vehicle designers in providing quick-turnaround responses to questions of mission or vehicle
concept feasibility. This tool consists of a series of linked spreadsheets representing each of the
major subsystemsin atypical exploration vehicle, with each spreadsheet in the tool having either
been developed by JSC vehicle subsystem experts or by the tool developer using mass, power,
and volume estimating relationships supplied by the subsystem experts. Such relationships
might be physics-based or empirically-derived from past human exploration concepts. Given
user inputs, the tool sizes each of the systems and then presents vehicle mass, volume, and power
properties on a summary sheet. Efforts are currently underway to independently verify and vali-
date Envision sizing relationships and tool outputs for completeness and correctness.

Three major layers comprise the Envision tool. These layers are (1) the main input layer, (2) the
system sizer layer, and (3) the vehicle summary layer.

1) Themain input layer isasingle worksheet within the tool providing a centralized location
for user inputs regarding high-level vehicle design parameters. These parameters include
such data as crew size, mission timeline, pressurized volume, delta-V, cabin atmosphere
pressure, payload size, and others. The tool distributes inputs provided on the main input
layer to the system sizers for mass, volume, and power calculations.

2) The system sizer layer consists of a series of linked worksheets embedded in the Micro-
soft Excel workbook that compute mass, volume, and power requirements for exploration
vehicle concepts. These systems include avionics, crew accommodations, descent &
landing, environmental control and life support, EVA and suits, power, propulsion, struc-
tures and thermal protection, and thermal control. Each system worksheet divides further
into four sections. (1) areserved input/output section, (2) a user interface section, (3) an
analysis section, and (4) an output section. A worksheet’s reserved input/output section
provides data connectivity to other sizers within the tool. All external variable values re-
quired by the sizer or variable values produced by the sizer that are required in another
sizer are in this section. The user interface section allows the user to specify subsystem
component types, technologies, and quantities relevant to the vehicle analyzed. The
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3)

analysis section within a worksheet is the heart of the system sizer. It performs the mass,
volume, and power estimates for a system using pre-programmed estimating rel ationships
based on historical data or physics. A typical mass relationship might take the form:

Pump Power Required 06
Rotation Speed

Fuel Turbopump Mass =1.95* [

This relationship uses a power law equation to scale engine turbopump mass using pump
power, pump rotation speed, and two empirically derived scaling coefficients. The analy-
Sis section retrieves user inputs from the reserved input/output section and user interface
section, computes mass, volume, and power estimates using relationships similar to the
turbopump equation, and provides its results to the final section, the output section. The
output section summarizes the results of a system sizing into a few quantities used in the
vehicle summary layer.

Finally, the vehicle summary layer is a single worksheet within the tool used to summa
rize concisely results of the sizer calculations. This worksheet includes a mass, volume,
power summary of all mgor system components, vehicle dry, inert, total mass estimates,
and charts detailing allocations between systems.

Figure 6.2-1 depicts a notiona construct of the current Envision application. The diagram shows
the three tool layer — the main input layer, the system sizer layer, and the vehicle summary layer.
Lines show connections between the layers and the individual software tools. In most cases,
these lines represent two-way communication between components.
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Figure 6.2-1: Envision Configuration Diagram

6.3 MassPropertiesValidation

After producing mass properties for the trade reference mission and subsequent architecture vari-
ants, the Envision tool generated an additional test case for validation against a historical human
spaceflight example. The example selected for validation was the last and most ambitious Apollo
mission, Apollo 17. The validation process was not intended to replicate the exact design of the
Apollo vehicles, rather to replicate the capabilities of that mission using modern technologies
and vehicle design practices while retaining as much commonality between the two as possible.
Thus, some key architecture parameters such as crew size, surface duration, and rendezvous
strategy were identical to the Apollo 17 mission, while others, such as number of launches,
amount of radiation protection, level of fault tolerance, and propulsion system types, were com-
mon with the TRM. Table 6.3-1 outlines the resulting validation test case, caled “Pseudo-

Apollo”, and comparesits features to Apollo 17.
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Pseudo-Apollo Apollo 17
4 per mission
Number of Launches 2 weeks between launches 1 per mission
Element assembly in LEO
Dedicated Radiation ~1,600 kg polyethylene for CEV None
Protection? and Lunar Lander
Service Module Propulsion Oxygen/Methane NTO/Aero50-50
Lunar Lander Propulsion Oxygen/Methane NTO/Aero50-50
. 3 crew total 3 crew total
Crew Size
2 crew to lunar surface 2 crew to lunar surface
Architecture Type Near equgtorlal-llmlted lunar Near equgtorlal-llmlted lunar
orbit rendezvous orbit rendezvous
Surface Duration 3days 3 days
Mission Payload 500 kg down / 100 kg return 558 kg down / 112 kg return
Airlock? No No

Table6.3-1: Pseudo-Apollo Benchmark Characteristics

Next, the sizing tool generated mass properties for Pseudo-Apollo vehicles and mass properties
for the as-flown Apollo 17 vehicles were researched. The resulting architecture initial mass in
low Earth orbit (IMLEO) was 142 metric tons for the Pseudo-Apollo case versus 138 metric tons
for Apollo 17. The close proximity of these values gave some measure of confidence in the En-
vision tool’s outputs while recognizing that some important differences still exist between the
two test cases. For architecture trade studies such as LDRM-2, the tool is likely to be sufficiently
precise.
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7.0 Introduction to Lunar Mission Design Consider ations

The total AV required for a lunar mission from Earth departure through Earth return, including
the lunar descent and ascent maneuvers, is roughly 9 to 10 km/s (29,500 to 32,800 ft/s). That
total is comparable to the AV required for launching payloads from the surface of the Earth to
low Earth orbit. In contrast, typical crewed LEO missions require only about 0.35 km/s (1,150
ft/s) of on-orbit AV — less than 4% of the lunar mission value. As aresult, the combined mass of
the flight elements delivered to low Earth orbit for a chemical propulsion lunar mission is typi-
cally well in excess of 100t (220 Klb), and can easily exceed 200t (441 Klb) for a robust set of
mission requirements. The Apollo lunar stack, which is often used as a basis of comparison for
lunar exploration studies, had an IMLEO equivalent of roughly 138t (304 Klb). Because the lu-
nar mission architecture has a strong influence on the magnitude and distribution of propulsive
AV among the flight elements, it aso plays a major role in how the mission AV tranglates to
launch mass.

There are three basic architectures for executing a human lunar exploration mission — libration
point rendezvous, lunar orbit rendezvous and direct return. Each of these lunar architectures of-
fers a different orbital mechanics approach to the task of returning of the crew to the Earth after
the conclusion of lunar surface operations. Two of the approaches, libration point rendezvous
and lunar orbit rendezvous, stage Earth return assets in orbit to avoid the mass penalty of trans-
porting them to the lunar surface. The third approach, direct return, eliminates the CEV rendez-
vous on the return leg of the mission at the expense of carrying the propellant and systems re-
quired for Earth return and recovery to the lunar surface. Each of the lunar architectures offers a
range of mission design options associated with the launch strategy, assembly strategy, Earth
orbit departure approach, surface exploration objectives and the definition of flight elements.

7.1 General Mission Design Parameters

The mission design for a lunar exploration program involves a wide range of parameters and
constraints, many of which are coupled either directly or indirectly. A clear understanding of the
mission objectives is essentia to the development of an effective mission design. The lunar ar-
chitecture is also a key part of the mission design process because it imposes an orbital mechan-
ics and flight environment framework on the mission, and plays a significant role in its overall
operational characteristics. In addition, if several types of missions are planned over the duration
of the lunar exploration program, then the flight elements must either envelope the full range of
required mission functionality from the outset, or support an evolutionary path for the develop-
ment of additional mission functionality, as required.

The process of defining and sizing a lunar mission to satisfy a nominal mission plan is reasona-
bly involved. The task becomes even more complex when off-nominal considerations are fac-
tored into the design process. This is especially true when a series of successful and timely
launches are required to meet the nominal mission schedule. The potential for launch delays,
rendezvous and mating problems, subsystem failures and software issues will necessitate a wide
range of contingency planning with impacts flowing down to the flight elements and mission
timeline.
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The following list of topics and associated parameters are representative of the fundamental is-
sues that must be addressed during the development of a lunar mission design. This list is pri-
marily targeted to the definition and sizing of the lunar flight elements and their general com-
patibility with the Earth-to-orbit launch system, and should not be considered to represent a
comprehensive list of lunar mission design inputs or options.

Mission Definition

Mission objectives

Location of landing site(s)

Landing site constraints (e.g., lighting conditions at touchdown or during the surface mis-
sion)

Duration of surface missions

Cargo delivery requirements (e.g., surface infrastructure, habitat & resupply)

Mission rate

Mission Architecture

Note: The mission architecture specifies the location at which the crew transfers to the space-

craft that provides the Earth return functionality. An outbound rendezvous between flight
elements or with surface assetsis a separate consideration.

L1 libration point rendezvous
Lunar orbit rendezvous

Direct Return — no rendezvous
Hybrid concepts

Abort Opportunities

Earth ascent aborts

Aborts during transit phases

Aborts during lunar descent (terminal descent phase requires particular attention)
Aborts from the lunar surface (anytime return versus loiter capability)

Safe haven options for Earth rescue operations

Earth-to-Orbit Launch System

Payload capacity (mass and dimensions)

Number of launches

Types of launches, if segregated (crewed versus cargo)
Launch rate (spacing)

Launch contingency planning (weather delays, etc.)
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Flight Element Assembly Strategy

Pre-launch integration (no on-orbit assembly)
Low Earth orbit assembly
On-orhit propellant loading

Earth Orbit Departure Strateqy

Tandem departure
Split-mission with convoy departure
Split-mission with pre-deployment of aflight element

Lunar Surface Assets

Note:

Fixed surface assets will likely result in a precision landing requirement at the Moon.
Surface asset mobility would provide some useful design flexibility.

Habitat and resupply for extended duration missions

Resources to support a dormant lander

In-situ resource development and utilization (oxygen, water, construction materials, etc.)

Earth Return and Recovery

Direct atmospheric entry, skip trajectory or aerocapture and de-orbit
Water versus land landing

Aerocapture and rendezvous with LEO asset — either in a defined orbit (e.g., transporta
tion node or spacecraft parked in LEO), or launched to an orbit compatible with the CEV
Earth return trgjectory

Flight Element Definition

Delta-V alocation

Propellant selection

Expendable versus reusable

Safe disposal of expended elements

Missions Environments

Note:

Natural environments and the duration of exposure must be defined for each mission
phase.

Thermal
Radiation
Micrometeoroid and orbital debris

Programmatic |ssues

Schedule
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e Human rating requirements
e Technology readiness level
e Development and recurring cost targets

7.2 Primary Factorsin Architecture Selection

The preferred architecture for human lunar exploration will depend on the combination of mis-
sion constraints, mission objectives and crew safety requirements identified for the Constellation
Program. The primary mission design constraints are the total number of launches and the pay-
load mass and volume capacities of the cargo and human-rated launch vehicles. The driving mis-
sion objectives include the complete set of lunar landing sites, surface mission durations and
EVA/IVA activities deemed necessary to prepare for the future human exploration of Mars. Ty-
ing these factors together is the overriding desire for the safe return of the crew to Earth in the
event of amajor systems failure in any phase of the lunar mission.

721 L aunch Vehicle Payload Mass and Volume

From a launch vehicle standpoint, the distribution of mass and volume among flight elements is
of greater importance than the total architecture mass. Any element that exceeds the payload
capacities or payload fairing dimensional limits of the available launch vehicles must either be
divided into multiple elements or modified in coordination with the other flight elements. The
mission architecture provides the basic framework that couples the orbital mechanics of the
Earth-Moon system with the flight element design and mission objectives. A mission design that
efficiently utilizes launch resources while emphasizing ssmple flight element interfaces and op-
erationsis likely to be preferred over a more complex alternative that resultsin alower IMLEO.

For a lunar mission based on chemical propulsion, it is worth noting that roughly three-quarters
of the flight element IMLEO is propellant. As a result, on-orbit fueling is an effective technique
for reducing the maximum required launch vehicle payload capacity for the larger flight ele-
ments. Commercial launch resources may be a viable option for the delivery of bulk propellant to
alow Earth orbit depot.

7.2.2 Mission Objectives

Mars missions typically involve months of in-space transit time and up to several years of total
mission duration with no capability to rapidly return to Earth. Long missions require large habit-
able volumes, robust radiation shielding, more numerous spares and large quantities of crew con-
sumables. The primary technical issues are hardware reliability, systems automation, closure of
life support systems and shielding from ionizing radiation. Human psychological issues associ-
ated with long-duration spaceflight are also of major importance. The International Space Station
is avaluable resource for assessing the physiological and psychological impacts of long-duration
missions in a micro-gravity environment. Lunar exploration missions will supplement the ISS
data by providing a more thorough understanding of the technological, physiological and psy-
chological challenges associated with operations in a hostile, partial-gravity surface environment.

The key to the selection of a lunar mission architecture is a thorough understanding of the mis-
sion objectivesin terms of the landing site environments, mission durations and surface activities
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deemed necessary to reduce the risks of future human exploration of Mars. Although the L1 ren-
dezvous and direct return architectures generally result in a high IMLEO, they aso inherently
provide a wide range of mission flexibility in terms of landing site access and surface stay times,
plus the capability to initiate areturn to Earth at any time during the lunar surface stay. The lunar
orbit rendezvous architecture offers the same anytime return capability with the potential for
significant reductions in IMLEO relative to the L1 rendezvous and direct return architectures, if
it is possible to constrain the range of landing site locations or surface mission durations.

7.2.3 Crew Safety

Crew safety is a primary concern for human exploration missions. Not only must the nominal
mission provide for the safe return of the crew to Earth, but al credible, safety-related failure
modes must also be addressed through element and system redundancy and contingency plan-
ning. Analyses are in progress to provide a more thorough understanding of the orbital mechan-
ics drivers of the abort modes for each of the three basic lunar architectures.

Each of the architectures provides a different set of contingency Earth return capabilities during
the outbound transit, lunar surface and inbound transit phases of a lunar mission. One of the key
architectural discriminators is the frequency of Earth return opportunities from the lunar surface.
Both the L1 rendezvous and direct return architectures inherently provide the option of initiating
an Earth return at any time during the lunar surface mission. The same Earth return functionality
is possible for the lunar orbit rendezvous architecture given sufficient plane change capability on
the CEV and lander to handle worst-case orbital alignments. The AV and IMLEO cost for any-
time return from the lunar surface for the lunar orbit rendezvous architecture can be greatly re-
duced if the range of landing sites or surface mission durations is constrained, or if loiter time on
the lunar surface and/or in lunar orbit is considered to be a viable alternative to anytime return. In
the case of the lunar orbit rendezvous architecture, the lunar exploration objectives must be ad-
dressed in combination with the desired abort functionality from the lunar surface.

The architectural discriminators during the outbound and inbound transit phases are primarily
associated with the time required to return to Earth and the need for flight element rendezvous
and crew transfer. The Earth orbit departure strategy, number of flight elements and distribution
of AV will also influence outbound transit abort options through the availability of functional
redundancy and margin at the element and subsystem levels. Because flight elements are typi-
cally expended during a mission, contingency options are generally much more limited during
the inbound transit phase.

The direct return architecture provides the shortest inbound and outbound transit times of the
three architectures under discussion —typicaly 3.5 to 4 days for a one way Earth-Moon transit —
and is aso the only architecture option that does not require a rendezvous to return the crew to
Earth. The single crew module, however, eliminates the functional redundancy at the element
level that is possible in adual crew module approach with atandem Earth orbit departure.

The lunar orbit rendezvous architecture is very similar to the direct return architecture in terms of
outbound transit aborts. After the separation of the lander and CEV in lunar orbit, however, a
flight element rendezvous in lunar orbit is required to transfer the crew back to the CEV for
Earth return. In addition, the multi-burn lunar orbit departure that may be needed to optimize the
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Earth return plane change AV adds an extra day to the inbound transit time relative to the direct
return architecture.

The L1 rendezvous architecture also requires an Earth return rendezvous following the separa-
tion of the CEV and lander on the outbound leg of alunar mission. However, the additional 2.5
days required for a one-way L 1-to-Moon transfer increases the time required to return to Earth in
the event of amission abort relative to the other architectures.

7.3 Alternate Mission Concepts

Although LDRM-2 study resources were focused on the definition and analysis of the three basic
mission architectures, the team was encouraged to seek innovative solutions to the human lunar
exploration mission defined in the task statement. Additional study will be required to assess the
flight element design and operational and safety implications of the alternate mission concepts
relative to the basic lunar architectures.

7.3.1 Reference L1/LOR Hybrid Architecture

The L1Y/LOR hybrid architecture was developed in an attempt to blend the benefits of the L1 and
Lunar Orbit Rendezvous mission architectures. Although there was insufficient time in the
LDRM-2 study to evaluate this approach, a description of areference L1/LOR hybrid concept is
presented for possible use in future studies. Asillustrated in Figure 7.3.1-1, the major operations
in this architecture are as follows:

1) The mission begins with the LEO rendezvous and mating of the CEV, lander and Earth
Departure Stage(s).

2) Following a tandem Earth orbit departure for the Moon, the lander and CEV coast in a
mated configuration for functional redundancy

3) The crew checks out the lander en route and transfers to the lander prior to lunar orbit ar-
rival. The CEV undocks from the lander and maneuvers towards the L1 libration point
vialunar swing-by.

4) The lander inserts into the appropriate low lunar orbit and descends to the desired landing
site.

5) The unoccupied CEV transits to L1 and loiters at L1 during the lunar surface mission.
From itslocation at L1 the CEV can target a rendezvous orbit over any lunar landing site
when departing for the Moon, thus supporting a wide range of surface mission durations.

6) If an abort is declared, then the CEV performs an early departure from L1 for a rendez-
vous orbit over the lunar landing site. The L1-to-Moon transit timeis ~2.5 days.

7) For anomina mission, the CEV departs L1 for a lunar rendezvous orbit approximately
2.5 days prior to the end of the surface mission.

8) The lander ascends from the lunar surface and rendezvous with the CEV in low lunar or-
bit. The crew transfers to the CEV and then undocks from the lander.

9) The CEV departs lunar orbit for an Earth return.
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8. Lander ascendsto LLO,
Rend. & docksto CEV

6. Surface Stay, shortened
7. CEV depart; L1 for LLO, enters if abort is declared
plane over landing site (departure ~2.5

days prior to end of surface mission)

9. Direct return
to Earth

3. CEV & lander separate just
before lunar approach, CEV
doesburntogotoLl

5. CEV arrivesat L1
and loiters during
surface stay

4. Lander
entersLLO,
then descends

1. CEV, lander, & 2. CEV & lander remain joined during
EDSjoinin LEO, coast, checkout. Abort options.
tandem TLI

Figure7.3.1-1: Operations Concept for the Reference L1/LOR Hybrid Architecture
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The main thrust of the L1/LOR hybrid approach is the use of lunar orbit rendezvous to minimize
the size and mass of the lander element and to shorten the trip time. During the outbound transit
the lander bypasses L1 and proceeds directly to a low lunar orbit, thus reducing the transit time
for the crew as well as eliminating the L1 arrival and departure AV for the lander. The L1 ren-
dezvous characteristics of global lunar access and extended duration surface missions with any-
time Earth return are retained in the hybrid approach by parking the CEV at L1 during the lunar
surface mission. In the L1/LOR hybrid architecture, however, the CEV departs L1 and enters
low lunar orbit in order to pick up the crew from the lander and return them safely to Earth.

An end-to-end assessment in terms of orbital mechanics, critical events and abort modes will be
needed to fully assess the merits of the L1/LOR hybrid architecture. In its favor, however, the
hybrid L1/LOR architecture reduces the AV allocated to the lander by shifting the responsibility
for several major maneuvers to the CEV and EDS elements. Under the LDRM-2 study assump-
tions, this general approach was shown to minimize IMLEO for the basic L1 rendezvous and
lunar orbit rendezvous architectures. The AV associated with the L1-Moon transit and lunar orbit
departure, roughly 850 m/s, is transferred from the lander ascent stage to the CEV by performing
the CEV/lander rendezvous in low lunar orbit. Furthermore, in contrast to the lunar orbit rendez-
vous approach for long duration lunar surface missions, the plane change AV required for the
lander descent and ascent maneuvers can be minimized by the use of coplanar CEV lunar park-
ing orbits. Finally, the AV required in the L1 rendezvous architecture to stop the lander at L1
during the outbound leg of the mission is eliminated in the hybrid approach at the expense of a
somewhat larger lunar orbit arrival maneuver.

Architecture mass is not the only important figure of merit for a lunar mission. Crew safety is
impacted by the duration of the Earth-Moon transits, availability of aborts throughout the mis-
sion, and the time required to return the crew to the Earth in the event of an emergency. It isim-
portant to note that the mission duration for the crew is typicaly shorter in the hybrid L1/LOR
architecture than in the L1 rendezvous architecture. Because the CEV is unoccupied during the
transits between L1 and low lunar orbit, the nominal crewed mission duration is actually quite
similar to that of the basic LOR approach, and roughly five days less than for the basic L1 ren-
dezvous architecture. In the event of an unplanned early termination (abort) of the lunar surface
mission, however, the return to Earth time for the hybrid L1/LOR architecture would be about
six days due to the delay in retrieving the CEV from L1. That is similar to the return to Earth
time for the basic L1 rendezvous architecture, and approximately 1.5 days longer than the return
to Earth time for the basic LOR architecture.

The LY/LOR hybrid architecture also offers some interesting variants in which the CEV does not
actually loiter at the L1 libration point. While the lander is performing its lunar orbit insertion
and descent maneuvers, the CEV will be receding from the moon en route to L 1. Should an event
require the return of the crew to the CEV, the lander can depart lunar orbit or stop its descent and
proceed to L1 to join the CEV. At some point, however, enough propellant will have been used
that the lander will be unable to make it to L1. At that point, the lander can remain in lunar orbit
until the CEV returns and rendezvous. A complete analysis of this case has not been performed,
but it isfair to say that the amount of time these operations may take is longer than that required
in the Apollo-style LOR abort scenarios.

39



Exploration Systems Mission Directorate
Title: Lunar Architecture Focused Document No.: ESMD-RQ-0005 Baseline
Trade Study Final Report Effective Date: 22 October 2004 Page 40

An interesting possibility exists for early reconnaissance missions to the moon. The duration of
these missions has been suggested to be in the range of four to fourteen days on the surface, dur-
ing which time the crew would live out of the lander. Since the time for the CEV to coast to L1
after swinging by the moon is on the order of 2.5 days, a round trip back to the moon will take
roughly five days. This is about the right amount of time to support a four-day surface mission.
For such amission, the CEV would not insert itself at L1, and thus would not need to perform a
burn to depart it, either. It is highly likely, however, that a modest plane change burn at L1 would
be required to establish the proper orbit at the Moon for the lander rendezvous. Once the CEV
arrives back at the Moon, it would perform a burn to circularize its orbit and prepare for rendez-
vous with the lander ascent stage. Later missions may choose to have the CEV do another ‘lap’
or two out to L1 before circularizing at a low lunar orbit, extending the surface duration by an-
other five or ten days. Intermediate stay times are possible by lowering the apogee by the appro-
priate amount, thus decreasing the orbital period. Consequently, support for exploration missions
with surface stay times of 4 to 14 days are possible. This stay time matches what is considered as
reasonable for living out of the lander, without support from a separate habitat. This approach is
very similar to the high lunar orbit option (24 hour period) discussed for the LOR variant within
this study. There are differences, however, both positive and negative. The longer orbital period,
five days versus one day, means that at certain times the CEV is less available to support emer-
gency aborts from the surface. It islikely that a burn can be performed to more rapidly return the
CEV to alow lunar orbit to support a surface abort, but there will be a price to pay in both pro-
pellant and time. The L1/LOR hybrid architecture is aso capable of defaulting to a lunar orbit
rendezvous approach for near-equatorial or near-polar landing sites to minimize the Earth return
time from the lunar surface in the event of an emergency.

If the orbital mechanics of the L1/LOR hybrid architecture prove to be viable and practical, then
it may be an interesting alternative to the basic architecture approaches assessed during the
LDRM-2 study.

7.3.2 Hybrid Mission Options

A new mission concept naturally leads to its own set of variants. The following two variants to
the reference L 1/L OR hybrid architecture appear worthy of consideration:

1) Crew transfer to the lander in LEO followed by a split mission Earth orbit departure
2) Basic LOR architecture supplemented by a backup CEV pre-deployedto L1

The reference L1I/LOR hybrid mission employs a tandem Earth orbit departure with the CEV
departing the lander for L1 as the pair approaches the Moon. In the hybrid split mission variant
the crew transfers from the CEV to the lander in LEO. Afterwards, the lander and CEV depart on
separate, optimized trajectories to the Moon and L1, respectively. The functional redundancy of
the lander and CEV during the outbound leg of the mission is traded for a simplified orbital me-
chanics approach for delivering the CEV to L1.

The reference L1/LOR hybrid concept also led to the idea of using the LOR architecture as the
primary mission approach with a CEV parked at L1 as a supplemental means of Earth return.
The backup CEV would require about 2000 m/s of AV capability to perform its mission, and
would be employed as described in the reference L1/LOR hybrid architecture.
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7.3.3 On-Orbit Fueling of Flight Elements

For a lunar mission based on chemical propulsion, roughly three-quarters of the flight element
IMLEO is propellant. On-orbit fueling can therefore be an extremely effective technique for re-
ducing the maximum required launch vehicle payload capacity for “high value” mission assets.

In the L1 TRM roughly 76% of the total launch mass is usable propellant, and that percentage
climbs to nearly 79% if you discount the CEV CM from the calculations. The cryogenic Earth
Departure Stages are the most likely candidates for on-orbit fueling because of their high mass
fractions, with approximately 84% to 87% of their masses composed of the liquid oxygen and
liquid hydrogen propellants. In addition, the cryogenic Earth Departure Stages have an oxidizer-
to-fuel ratio of 6.0, meaning that nearly 86% of the EDS propellant is liquid oxygen. It is possi-
ble, therefore, to obtain significant launch mass reductions by offloading only the liquid oxygen
from a cryogenic propulsive stage. In the case of the lander EDS the offloading of the liquid
oxygen decreases its launch mass by roughly 75%, from 94t to 24t. The same technique is appli-
cable to a propulsive stage using liquid oxygen and methane propellants, but the associated oxi-
dizer-to-fuel ratio of 3.8 renders the approach somewhat |ess effective.

The use of propellant offloading appears viable for any of the proposed lunar architectures. An
aggressive application of the on-orbit fueling approach can result in the delivery of the flight
elements to LEO in only two or three launches using a launch vehicle with roughly 25% to 40%
of the lift capacity of the Saturn V. The remaining launch mass for alunar mission, perhaps 100t
or more, is delivered to LEO in the form of bulk liquid oxygen. These additional launches could
be contracted to the private sector to maximize cost effectiveness. The use of a propellant depot
to aggregate the liquid oxygen deliveries in LEO would provide wide flexibility in the number
and spacing of launches needed to support alunar mission. The oxygen depot might also serve as
the assembly location for the lunar flight elements prior to Earth orbit departure.
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8.0 Lunar Mission Design Characteristics

8.1 Introduction

The prime focus of this study is a libration point rendezvous (LPR) mission employing the cis-
lunar Earth-Moon libration point (L1) as a stopover and staging point for round-trip missions to
the lunar surface. The study uses libration point rendezvous as a point of departure for subse-
quent mission analysis. A latter part of this section will compare characteristics and associated
performance (delta-V) of a LPR with that of a several lunar orbit rendezvous (LOR) trajectory
profiles and a lunar surface rendezvous (LSR) profile. In particular, it contrasts the relative con-
sistency of performance cost for the latter types with the varying costs associated with lunar orbit
rendezvous profiles subjected to similar mission constraints and requirements.

Recent interest in the Moon as a stepping-stone for future robotic and human mission targets
(e.g., Mars, asteroids) has revitalized the evaluation of concepts for establishing a sustained hu-
man presence on the Moon. An underlying assumed constraint for this mission profile is
summed up in the phrase “anytime-abort from the lunar surface.” Specifically it is taken to mean
that a flight crew faced with a life-support system failure or a medical emergency at the landing
site should not have to wait for orbital planar alignment to initiate a lunar orbit departure (LOD)
maneuver that will return them to Earth atmospheric entry and landing.

Mission modes to be compared include LOR, LPR, and LSR. Past work'” indicates that LPR
missions subjected to differing constraints possess a more consistent cost, in terms of required
propulsive velocity increments (AVs), than Apollo-style LOR missions. In the case of LPR mis-
sions, this paper focuses on L1 rather than L2 (the translunar libration point), for a number of
reasons.

8.1.1 The Earth-Moon Libration Points

There exist five equilibrium (libration) points in any two mass-body system (e.g., Earth-Moon,
Sun-Earth, Sun-Mars). Of these five libration points, three collinear points (L1, L2, and L3) lie
on the line between the mass bodies. The final two libration points (L4 and L5) create equilat-
eral triangles with the two mass bodies. The distance of these points from the mass bodies (as
shown in Figure 8.1.1-1 for the Earth-Moon system) is determined by the relative mass of those
two bodies.
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Figure 8.1.1-1: Earth-Moon Libration Points

The collinear libration points (or Lagrange Points) are “unstable”, however past work®’ indicates
that the delta-V (AV) cost to maintain orbit at these locations is low. This relative geometry is
maintained as the Moon rotates about the Earth-Moon barycenter. The ratios of the distances of
the collinear libration points from the Earth and Moon remain constant though the actual distance
varies cyclically with the Moon’s position in its slightly elliptical orbit.

8.1.2 Selection of the Libration Point for LPR (L1 vs. L2)

In general, the overall AV cost for a direct (Apollo-style) mission to lunar orbit is lower than for
missions possessing stopovers at either of the two libration points (L1, L2) in lunar proximity
(see Figure 8.1.2-1). While the L2 stopover mission has a slightly lower AV cost than that of an
L1 stopover mission, its trip time is nearly double that of the L1 stopover mission.” The L2
stopover mission also requires an additional major maneuver during lunar swingby, without
which the direct low Earth orbit (LEO) to L2 flight would possess a greater AV cost and a higher
trip time requirement than the comparable flight to L1. For the direct libration point transfer
case, an L1 target provides a lower AV cost than the L2 target. For the lunar swingby case, the
L1 target results in a somewhat higher AV cost, but the trip time is nearly halved (see Figure
8.1.2-2). A spacecraft at L1 also has direct and continuous communication access to Earth. A
halo orbit about L2 of sufficient size could provide continuous communication for a permanent
facility parked in it”, but it would introduce a 14-day cyclical variation in the AV required for
injection into and departure from the halo orbit. This applies to transfers bound for and arriving
from both the Earth and the Moon. The magnitude of the AV variation is on the order of 250 m/s

" Data from this chart was generated in past work® with different ground rules than will be used in this paper. How-
ever, the overall comparison is still useful and appropriate.
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for a one-way transfer between Earth and the lunar surface by way of the halo orbit. The trade
reference mission (TRM) for this study is a direct-to-L1 stopover mission.

Earth Orbit to Lunar Orbit
Via Direct Transfer, Lunar Swing-by, or Stopover At Libration Points
5000 T =1 Total Delta-V 4737 350
4500 1 - - - Total Trip Time 4373
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Figure 8.1.2-1: AV, Trip Time Comparison Of Earth-Moon Transfers Employing Either A
Direct Transfer From Earth To The Moon Or One Including A Stopover At One Of The
Collinear Earth-Moon Libration Points (L1, L.2)
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8.2 Trade Reference Mission — Trajectory Profile Design Considerations

The TRM mission design objectives include assessment of the flight time, performance (AV),
issues, mission options, mission parameter relationships, and additional required information for
the nominal LPR mission profile. Another objective is to compare and contrast the nominal
TRM with other mission profiles including the Apollo-style LOR and the LSR. The analysis of
the TRM and comparison to other mission design approaches provides a basis for profile design
recommendation.

The nominal trade reference mission consists of a 7-day surface stay with global lunar landing
site access and an anytime abort from the lunar surface followed by an anytime return to Earth.
The mission is comprised of two primary vehicles, a crew exploration vehicle (CEV) and lunar
landing vehicle (LLV), both deployed to L1 from a 407 km circular, 28.5° Earth rendezvous or-
bit (ERO). The mission is accomplished via four total launches in sets of two with the first set
consisting of an Earth departure stage (EDS) and the LLV and the second set consisting of an-
other EDS and the CEV. Note that the mission profile design allows for a selectable right ascen-
sion of the ascending node (RAAN). This approach allows for a daily launch opportunities and
can accommodate lighting constraints at lunar arrival.

The TRM consists of a LPR to a cislunar (L1) staging location (Figure 8.2-1). After an initial
launch sequence places the LLV and its EDS in orbit for rendezvous, the mated configuration
departs LEO to emplace the LLV at L1 where it awaits arrival of the crew on the crew explora-
tion vehicle (CEV).

Total Mission AV = 10,408 m/s*

ot

@ 2535Days *
E .
3.5 Days Between @' z:onl\;l L1to €
Earth and L1 eMoon .

Mission Features

. 7-day surface stay (mission design allows for unlimited stay time)

. Global lunar landing site access

. Anytime return from lunar surface to L1

Anytime return from L1 to Earth

Daily Earth launch opportunities (coordinated multiple launches via ERO)

Mission Phases

Launch from KSC (15t set: EDS + LLV; 2"d set: EDS + CEV)
EOD (Earth Orbit Departure) and booster separation

L1 Arrival

Crew transfers to LLV which separates and lands on Moon * Note: Mission AV is only a

Outbound

Lunar Vicinity preliminary indicator of mission

Ascent Vehicle returns to L1 e
performance — Vehicle sizing based on
Crew Transfers and Departs L1 mission AVs provides a more

Inbound | s
Earth arrival (into Earth orbit or direct Earth entry) comprehensive metric

Noaprwh=

Figure 8.2-1: TRM consisting of a libration point (LL1) rendezvous and staging to the lunar
surface
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Following emplacement of the LLV at L1, another Earth launch sequence delivers a 2nd EDS
and the CEV to LEO for rendezvous. The CEV/EDS departs LEO bound for L1 and rendezvous
with the awaiting LLV. After arrival at L1, the crew transfers from the CEV to the LLV and de-
parts L1 in the LLV for the lunar surface. The LLV employs a 100 km altitude lunar phasing
orbit to effect landing at a desired surface site. After a seven day stay, a lunar ascent vehicle de-
parts the surface bound for L1, via a 100 km phasing orbit, and rendezvous with the CEV. At
L1, the crew transfers from the LLV back to the CEV for return to Earth via a direct entry to a
water landing.

The coordinated launch and far-field rendezvous sequence provides preferred Earth orbit orienta-
tion for departure. This approach provides for a missed Earth orbit departure injection opportu-
nity to pre-emplace the LLV at L1. With a 2-week period between successive planned launches,
a missed LLV departure could be recycled to launch (on the average) approximately 9-10 days
later. A missed CEV departure opportunity however would mean a failed mission.

The variable length rendezvous profile provides for 360° of phase window for the LLV. For a
48-hour mission elapsed time, a constant length rendezvous profile provides 360° of phase win-
dow for the CEV. This 360° of phase window affords a daily launch opportunity for both the

EDS/LLV and the EDS/CEV rendezvous pro-
files. The details of the rendezvous will be Nominal LPR Mission
discussed in section 8.2.2. AV Cost By Flight Phase
While this mission design accommodates a 7-
day stay on the lunar surface with anytime Maneu;ler av
abort, longer surface stays are available with (m/s)
this approach, for the same AV cost. The fun- 28'5 Deg ERO Lch
. . . . . xpendable Lander

damental mission profile remains consistent Mission Features /| G pal Access
for all surface stay times, allowing for stan- Flight Phase Surface Stay = 7 days
dardized mission design. A drawback to this g LPD2 800 1
approach is that, in the event of a required | @ LP Rendezvous - Dep 100
immediate abort from the lunar surface, the | =

o . = LPA2 241
crew is still 2-3 days away from their backup <]
habitat (the CEV at L1), . LOD 631

Y| LO Rendezvous - Dep 0

The AV costs of the individual flight phases | p Ascent to Lunar Orbit 1834
for the TRM flight profile are shown in Figure ¢ | Descent to Landing Site 1881
8.2-2. The total nominal mission AV cost of | -2 L0 Rend ~ 0
10,408 m/s includes all maneuvers between ‘Eﬂ endezvous - A
the Earth and L1, L1 and the Moon, and pow- | 5 LOI 631
ered lunar descent and ascent. The flight | @ LPD1 244
times between the Earth and L1 (both out- | €| LP Rendezvous -Arr 100
bound and inbound) lie in the vicinity of 3.5 | © LPA1 889
days. The flight times for transfers between o EOD 3057
L1 and lunar phasing orbit range from 2-3.5 | TOTAL 10408
days, depending on the landing site. These
lunar transfer flight times are optimized to Figure 8.2-2 Trade Reference Mission (TRM) flight
produce the minimum AV cost for landing at phase AV costs.
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any surface site. Note that these performance data represent worst-case or conservative perform-
ance allowing the mission to support lunar landing at any location (latitude or longitude). It also
supports all lunar orbit inclinations (with respect to the Earth equator) over the 18.6 year lunar
inclination cycle in addition to worst-case lunar arrival/departure distances (perigee) and angular
distances of the Moon from the Earth equator (e.g., ranging from nodal crossing to orbit apex).
The performance data do not include Earth orbit departure (EOD) injection window, gravity
losses, and performance reserves.

8.2.1 Earth Departure Window
LEOto L1

The Earth departure injection window is dependent upon the initial altitude of the LEO parking
orbit, the initial orbit inclination with respect to the earth equator, the inclination with respect to
the Earth-Moon plane, and the flight time from LEO to L1. For this study, a 24-hour injection
window was selected. The total AV cost for a two maneuver sequence (Earth departure and L1
arrival) is shown in Figure 8.2.1-1a with the associated Earth departure cost shown in Figure
8.2.1-1b. The flight time for this 24-hour injection window is shown in Figure 8.2.1-1c. This
injection window assumes a 407 km circular parking orbit with a 28.7° inclination. A nominal
(82-hour) transfer time reflects a near minimum AV cost for a bounded case of spacecraft arrival
at L1 coincident with lunar perigee. The AV cost of a 1-day (24-hour) injection window depends
upon the constraints on outbound flight and L1 arrival times. For example, demanding a consis-
tent 82-hour flight time from LEO to L1 throughout the 24-hour injection window results in a
total AV cost of 1485 m/s. Requiring a constant L1 arrival time reduces this cost to 339 m/s. A
full release of the flight time constraint results in a 52 m/s total AV cost for a 24-hour injection
window. For this recommended case, the flight time for a departure at the opening of the win-
dow is about 97 hours and about 67 hours for a departure at the close of the window. This repre-
sents about a 6-hour variation in L1 arrival time over the 24-hour injection window.
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Figure 8.2.1-1a: Total AV Cost Versus Earth Departure Time For A Twenty-Four (24)
Hour Earth Departure Injection Window
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Figure 8.2.1-1b: Earth Departure AV Cost Versus Earth Departure Time For A Twenty-
Four (24) Hour Earth Departure Injection Window
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Figure 8.2.1-1c: Flight Time Versus Earth Departure Time For A Twenty-Four (24) Hour
Earth Departure Injection Window

8.2.2 Earth Orbit Rendezvous
Introduction

The LDRM-2 trade reference mission plan assumes four launches from Cape Canaveral and two
LEO rendezvous profiles. For the first rendezvous case, an EDS will be launched, followed by a
Lunar Lander. The Lander will perform the rendezvous with the EDS. In the second rendezvous
case, an EDS will be launched, and the Crew Exploration Vehicle (CEV) will rendezvous with it.
In general, the orbital mechanics problems associated with effecting a Lander rendezvous with
the EDS are similar to the problems associated with effecting a CEV rendezvous with the EDS.
In this document, these problems will be discussed collectively. Then, when it is necessary to
differentiate between the rendezvous profiles, data that are unique to each will be included in the
discussion.

Assumptions and Limitations

In order to design the two rendezvous profiles, the following assumptions and limitations have
been made.

1. Expendable Launch Vehicle (ELV)

a. The on-orbit engines have multiple restart capability.
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b. Since the required Longitude of the Ascending Node (LAN) varies with phase
angle through the launch window, the Guidance, Navigation, and Control
(GN&C) accommodates a variable LAN target parameter.

c. The ELV will perform two on-orbit translational maneuvers to place the Lan-
der into a low circular Earth orbit.

d. The ELV will perform two on-orbit translational maneuvers to place the CEV
into a low circular Earth orbit.

2. The EDS is the rendezvous target vehicle.
3. Lunar Lander
a. The Lander will perform a double coelliptic rendezvous maneuver profile.
b. The Lander GN&C will accommodate a variable length rendezvous profile.
4. Crew Exploration Vehicle
a. The CEV will perform a stable orbit rendezvous maneuver profile.

b. Crew operational constraints will preclude a variable length rendezvous profile for

the CEV
5. Translational maneuver dispersions are not considered.
6. Lighting constraints are not considered.
7. Communications constraints are not considered.

Initial Conditions

By definition, the initial orbital conditions are as follows.
— EDS Target Orbit : Apogee 407 km
: Perigee = 407 km

: Inclination = 28.7 deg

— ELV Insertion Orbit : Apogee = 176 km
: Perigee = 93 km

: Inclination = 28.7 deg

Launch Window Considerations

A rendezvous launch window is defined by the overlay of the planar window and the phase win-
dow, with the additional overlay of the launch operational constraints. In general, the launch site
will be in the target vehicle plane twice a day. These two times are defined to be the inplane lift-
off times: one on a northerly azimuth, one on a southerly azimuth. The launch vehicle perform-
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ance will be maximized at the inplane time. In order for the launch vehicle to get into the plane
of the target vehicle by the time of insertion, liftoff at any other time will require the launch ve-
hicle to perform a plane change during ascent. Thus, the launch vehicle performance will de-
grade. The length of the plane window is determined by the ascent vehicle performance capabil-
ity (i.e., by how much additional propellant is available for the plane change). The length of the
plane window is also dependent upon the inclination of the target orbit. In general, the higher
the inclination, the smaller the plane window becomes. The maximum performance (i.e., the
longest plane window) is achieved when the launch site latitude is slightly less than the orbital
inclination of the target vehicle orbit.

A phase window is defined to be the range of phase angles that, given particular mission con-
straints, will allow a rendezvous to occur with minimum on-orbit performance costs. The length
of the phase window is determined by the rendezvous maneuver profile and by the minimum and
maximum time allowed for the completion of the rendezvous. The opening of the phase window
is defined by the smallest phase angle that will effect a rendezvous. The closing of the phase
window is defined by the largest phase angle that will effect a rendezvous. If the rendezvous
maneuver sequence and the maximum rendezvous time account for 360 degrees of phasing, then
the phase window is no longer a launch constraint. In this instance, the planar window will de-
termine the length of the launch window, and launch may occur every day.

Lander Rendezvous Mission Profile

Fourteen days after the EDS1 is placed into a 407 km circular orbit, with an inclination of 28.7
degrees, the ELV/Lander is launched into LEO. This particular launch spacing and rendezvous
orbit altitude reflect assumptions made for the trade reference mission. Since the Lander is un-
manned, it will execute a double-coelliptic rendezvous sequence. This sequence will allow the
Lander, during the near-field phase of the rendezvous, to slowly approach the EDS1 while evalu-
ating the relative motion data. In addition, assuming that the Lander remains within its 3-c per-
formance error ellipse during this phase, the maneuver sequence will preclude the unintentional
intersection of the EDS1 and Lander trajectories.

Two rendezvous mission profiles are defined here: one for the opening of the phase window and
one for the closing of the phase window. In the opening of the phase window, the phase angle at
insertion is approximately 64 degrees. Following insertion, the ELV will perform two transla-
tional maneuvers that will place the Lander into a 375 km circular orbit. Once the Lander has
separated from the ELV, the Lander will initiate an eight maneuver rendezvous sequence, with
braking occurring at approximately 48 hours mission elapsed time (MET). The two ELV trans-
lational maneuvers will cost approximately 141 meters per second (mps). The eight Lander
translational maneuvers will cost approximately 19 mps.

In the closing of the phase window, the phase angle at insertion is approximately 424 degrees.
Following insertion, the ELV will perform two translational maneuvers that will place the Lan-
der into a 200 km circular orbit. Once the Lander has separated from the ELV, the Lander will
initiate an eight maneuver rendezvous sequence, with braking occurring at approximately 51
hours MET. The two ELV translational maneuvers will cost approximately 40 mps. The eight
Lander translational maneuvers will cost approximately 122 mps. Note that the total delta veloc-
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ity magnitude for both sequences is approximately 160 mps. Also note that the time of rendez-
vous in the closing case is approximately 3 hours later than in the opening case. Given the as-
sumed initial conditions, this increase in the time of rendezvous is necessary if 360 degrees of
phase angle are to be covered.

CEV Rendezvous Mission Profile

Fourteen days after the EDS2 is placed into a 407 km circular orbit, with an inclination of 28.7
degrees, the ELV/CEYV is launched into LEO (launch spacing and rendezvous orbit parameters
are TRM assumptions). It is assumed that the CEV will execute a stable orbit rendezvous se-
quence. This sequence will allow the CEV to stop at two stable orbit points in the sequence, if
the trajectory conditions warrant it.

Two rendezvous mission profiles are defined here: one for the opening of the phase window and
one for the closing of the phase window. In both cases, following insertion, the ELV will per-
form two translational maneuvers that will place the CEV into a 200 km circular orbit. In the
opening of the phase window, the phase angle at insertion is approximately 48 degrees. Once
the CEV has separated from the ELV, the CEV will initiate an eight maneuver rendezvous se-
quence, with braking occurring at approximately 47 hours MET. The two ELV translational ma-
neuvers will cost approximately 40 mps. The eight CEV translational maneuvers will cost ap-
proximately 126 mps.

In the closing of the phase window, the phase angle at insertion is approximately 447 degrees.
Following insertion, the ELV will perform two translational maneuvers that will place the CEV
into a 200 km circular orbit. Once the CEV has separated from the ELV, the CEV will initiate an
eight maneuver rendezvous sequence, with braking occurring at approximately 47 hours MET.
The two ELV translational maneuvers will cost approximately 40 mps. The eight CEV transla-
tional maneuvers will cost approximately 122 mps. Note that the total delta velocity magnitude
for both sequences is approximately 160 mps.
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Delta Velocity Magnitude of Mission Elapsed Time

Trajectory Event Translational Maneuvers from ELV Launch
(meters per second) (Days: hours: minutes)
Opening of Lander Phase Window
ELV: Insertion through Circularization 141 0:01:39
Lander: Phasing through Theoretical Braking 19 1:17:43

Closing of Lander Phase Window
ELV: Insertion through Circularization 40 0:01:39
Lander: Phasing through Theoretical Braking 122 2:02:29

Opening of CEV Phase Window
ELV: Insertion through Circularization 40 0:01:39

Lander: Phasing through Theoretical Braking 126 1:22:59

Closing of CEV Phase Window
ELV: Insertion through Circularization 40 0:01:39
Lander: Phasing through Theoretical Braking 125 1:22:47

Note: At the time of rendezvous initiation, the EDS is in a 407 km circular LEO.

Table 8.2.2-1: Rendezvous AV Cost and Mission Elapsed Time

Conclusions

The following conclusions have been made:

1. A variable length rendezvous profile will provide a 360 degree phase window for the
Lander.

2. Assuming that the time of theoretical braking occurs near 47 hours mission elapsed
time, a constant length rendezvous profile will provide a 360 degree phase window
for the CEV.

3. Since the rendezvous profiles provide for a 360 degree phase window, they provide a

daily launch opportunity.

8.2.3 Post-EOD Stage Disposal

This section addresses the question of where and how to dispose of Earth Departure Stages
(EDS) used to transfer the CEV and LLV from LEO to the Earth-Moon L1 (cislunar) libration
point. Performance results are based on past work supporting a lunar gateway study conducted
at JSC’. In particular, this section assesses the delta-V (AV) cost to retarget an Earth-Moon L1-
bound spent EDS to a selected disposal destination.
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LPA Time Frame for Evaluation of Performance Requirements

A two-week period in October of 2006 was chosen for an evaluation timeframe. As indicated in
Table 8.2.3-1, libration point arrivals in that period exhibit a near-maximum variation in LPA
plane change requirement (Xfr Orbit iEMP). This period begins with the Moon simultaneously
very near perigee and its ascending node on Earth’s equator, and ends with the Moon very near
apogee and its descending node. It can be seen that an aggregate of 22 launch opportunities were
examined. Libration point arrivals at perigee were combined with minimum and maximum LPA
plane change angles, and likewise for arrivals at apogee, with a variety of combinations between
these extremes.

SWW:dmd
Earth-to-LL1 Transfer and Upper Stage Disposal Data 11-May-02
All transfers involve coplanar departure from circular earth parking orbit having an altitude of 407 km and an inclination of 51.6 deg
GO,DROA, LVI, HO, and SROA maneuver times selected to minimize delta-v for stage disposal
Lunar L1 Earth Northerly LL1 Arrival Azimuth Southerly LL1 Arrival Azimuth

Arr Time RA Decl. Dist. Park Orbit Park | Xfr Maneuver Delta-V, m/s Park | Xfr Maneuver Delta-V, m/s

(Nominal) 1000 RAN Epoch Orbit | Orbit | EOD | LPA | GO | DROA LVI HO |SROA}| Orbit | Orbit | EOD|LPA | GO] DROA LVI HOJ] SROA

2006 Oct deg deg km] 2006 Oct RANo|] iEMP|] MC | MC I MC| MC | MC|] OC| OC] OC || RANo} iEMP| MC | MC |MC| MC IMC OC |oCc| ocC
10/6/06 4:00 -1.0 -0.1 304]10/2/06 16:00 -1.0] 23.7| 3061| 782] 52| 50 87| 88| 66| 106 178.9] 81.0] 3060] 984] 91 55| 104] 106| 87| 124
10/7/06 4:00 124 7.2 304]10/3/06 16:00 6.7| 24.0] 3059| 784| 59| 45 87| 88| 66| 106 || 198.1] 79.8| 3061 980| 91 55| 105] 106| 88| 126
10/8/06 4:00 262 14.0 305|10/4/06 16:00 14.7] 24.3]| 3060| 781] 61| 42 87| 88| 65| 111 217.7] 75.9] 3059] 960 90 55| 106] 106| 87| 128
10/9/06 8:00 429 20.7 309]10/5/06 20:00 25.0] 28.7| 3060] 781 65| 43 93| 94| 71| 117 || 240.9] 68.2] 3059 916] 87 55| 107) 108] 87| 131
10/11/06 0:00 68.1 27.1 317]|10/7/06 12:00 43.0| 35.0] 3063| 776] 63| 53 101] 101] 78| 126 || 273.2] 54.4] 3064| 838| 77 58| 109] 109| 86| 132
10/12/06 8:00 88.5 287 324|10/8/06 20:00 61.2| 44.0] 3063| 787 62| 59 110] 109] 86] 132 || 295.8] 44.3] 3063] 786] 61 62| 110} 109| 87| 132
10/13/06 18:00 109.2 27.2  332]10/10/06 6:00 84.0] 55.2| 3066] 810] 59| 61 115| 115] 92| 135 || 314.5] 35.9] 3066| 748| 33 69| 109] 109| 83| 129
10/15/06 18:00 1354 20.7 339|10/12/06 6:00 117.6] 69.2] 3071] 851] 61| 58 117] 118] 96] 134 || 333.3] 28.0) 3070 726] 7 83| 107] 107| 83| 124
10/17/06 4:00 151.8 14.0 343]10/13/06 16:00 140.3] 75.4| 3072| 875| 63| 53 116| 117] 95| 132 || 343.4] 24.9] 3072 724] 5 89| 105] 106| 82| 120
10/18/06 12:00 166.2 6.9  344]10/15/06 0:00 160.7| 78.7| 3074] 890| 65| 51 115] 117] 95| 132 || 351.8] 23.3] 3073| 727| 10 92| 104] 105| 82| 120
10/19/06 18:00 179.2 -0.1 _ 345]10/16/06 6:00 179.3] 80.1) 3074] 900] 66] 49 114] 117] 94] 131 359.2] 23.3] 3073] 733] 11 93] 104] 106] 81] 121

RA Right Ascension

RAN Right Ascension of Ascending Node

RANo Right Ascension of Ascending Node at RAN Epoch

iEMP  Inclination of Xfr Orbit wrt Earth-Moon Plane

EOD Earth Orbit Departure to L1 Lunar Libration Point

LPA Libration Point Arrival (3.5 days after EOD)

GO Upper Stage Disposal in "Safe" Geocentric Orbit (6600 km Perigee Alt, 300000 - 370000 km Apogee Alt)
DROA  Upper Stage Disposal in Remote Ocean Area (Direct,20 deg Atmospheric Entry Angle, 240 deg Longitude Spread)
LVI Upper Stage Disposal on Lunar Surface (Vertical Impact)

HO Upper Stage Disposal in Heliocentric Orbit (via Lunar Swingby)

SROA Upper Stage Disposal in Remote Ocean Area (via Lunar Swingby)

ocC Overlapped Conic Trajectory

MC Multi-Conic Trajectory

Table 8.2.3-1: Earth Departure Stage Disposal Cost

EDS Disposal Options

After execution of the EOD maneuver, the Earth Departure Stage and CEV share a trajectory
having a perigee altitude near that of the pre-departure orbit, an apogee altitude equal to that of
the libration point and, significantly, an orbit orientation and energy comparable to that required
for reaching the near vicinity of the Moon. These circumstances immediately bring to mind the
trajectory design problems solved in the Apollo program, wherein the trans-lunar injection (TLI)
or EOD maneuver routinely put the Command & Service Module/Lunar Module on or very near
a trajectory that provided a free return to the Earth, and the spent Saturn S-IVB stage was vari-
ously diverted (after TLI) onto trajectories that ended in heliocentric orbit or with lunar impact.
Accordingly, the following options for upper stage disposal were selected for evaluation:

1. Lunar Swing-by to Heliocentric Orbit (HO)

55



Exploration Systems Mission Directorate
Title: Lunar Architecture Focused Document No.: ESMD-RQ-0005 Baseline
Trade Study Final Report Effective Date: 22 October 2004 Page 56
2. Lunar Vertical Impact (LVI)
3. Direct Return to Remote Ocean Area (DROA)
4. Lunar Swingby to Remote Ocean Area (SROA)
5. Transfer to Long Lifetime Geocentric Orbit (GO)

As illustrated in Figure 8.2.3-1, in a real-world situation where the ascending node of the Earth
parking orbit is regressing under the natural influence of Earth oblateness, at most a couple of
launch opportunities can occur during any two-week interval. In this study, for the purpose of
sampling all combinations of lunar distance and LPA plane change angle, the ascending node
location for the LEO orbit (the columns labeled “Park Orbit RANo” in Table 8.2.3-1) was treated
as an arbitrary parameter that could be changed at will.

In terms of propulsive AV, it was found that sending the upper stage to any Earth atmosphere
entry point via close encounter with the Moon (SROA) is the most expensive of all the disposal
modes studied (Figure 8.2.3-1). On the other hand, guaranteed direct return to a mid-ocean line
(DROA) is cheaper than lunar impact (LVI) or heliocentric orbit (HO) disposal, and probably

cheaper than disposal in any geocentric orbit (GO) having an adequate lifetime to satisfy public
safety concerns.

HO, LVI, DROA, SROA, GO Transfer Delta-V vs. Libration Point Arrival Time
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Figure 8.2.3-1: Summary of Disposal Maneuver Deflection AV’s
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The DROA disposal option appears to offer the best suite of desirable features. It provides for
controlled Earth contact using a relatively small disposal AV. It also avoids a close encounter
with the Moon, which would result in not only a greater AV cost, but also a near certainty of re-
quiring midcourse correction maneuvers before and after perisel passage. In addition, DROA
avoids littering the lunar surface and geocentric space with debris. However, this approach
would not serve well for cases where the EDS kickstage contains hazardous (e.g., radioactive)
materials. In that case the “next best” disposal option (HO) avoids Earth or lunar disposal issues
(e.g., impact location, debris footprint, litter) by taking the EDS around the Moon and into helio-
centric space. This approach also carries a relatively low AV cost. Further study would be re-
quired for this disposal option to determine the probability of subsequent re-contact with the
Earth, and the cost of precluding such an event. The 100 m/s stage disposal AV budget, used for
the LDRM-2 study, provides for either a DROA or a HO stage disposal. If a lunar vertical im-
pact (LVI) disposal approach was desired, a slightly higher stage disposal budget (120 m/s)
would be required.

8.2.4 Earth to L1 Transfer - Nominal And Aborted Mission
8.2.4.1 Nominal Mission

The nominal mission design is an Earth departure from a 407 km circular orbit inclined 28.7°
and an arrival at L1. The two major AV maneuvers are at Earth departure and L1 insertion. The
flight time from Earth to L1 depends on the AV capability of the injection stage(s) and on mis-
sion operation constraint(s). For minimum energy transfers, the flight time ranges from about
3.5 to 5 days depending on if a lunar flyby is or is not performed. Compared to a direct transfer
to L1, a trajectory that includes a lunar flyby will lower the AV requirement while increasing the
flight time.

Assumptions

The AV requirement is based on a worst case Earth-Moon geometry and for a direct transfer (no
lunar flyby). This geometry occurs when the Moon is at perigee during L1 arrival and the
Moon’s orbit inclination is at its maximum of 28.6°. The maximum wedge angle at L1 insertion
is 57.3°, which is the summation of the inclination of the Earth parking orbit and the Moon’s or-
bit inclination. This occurs when the right ascension of the ascending nodes of these orbits are
180° apart. The Earth departure is near coplanar (with the Earth parking orbit) in order to mini-
mize the departure AV.

Results

The nominal Earth departure AV is about 3058 m/s with an L1 insertion AV of about 887 m/s.
These numbers are derived for an Earth departure date of 2006 October 2 18:00 and a flight time
to L1 of 3 days 10 hours. The following figures show how the Earth departure, L1 insertion, and
total AVs change with flight time for the two extreme cases of the Moon at apogee or perigee. In
Figure 8.2.4.1-1 for flight times of 80 hours or more, the difference between Earth departure AVs

57



Exploration Systems Mission Directorate
Title: Lunar Architecture Focused Document No.: ESMD-RQ-0005 Baseline
Trade Study Final Report Effective Date: 22 October 2004 Page 58

is less than 20 m/s. The difference between the L1 insertion AVs is between 50 to 190 m/s. In
Figure 8.2.4.1-2 for flight times less than 77 hours, the total AV is greater when the moon is at
apogee than at perigee.

E2LP based data

Earth Parking Orbit Dep. and L1 Arr. AV Costs vs. Flight Time
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Figure 8.2.4.1-1: Earth Departure and L1 Insertion AV
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E2LP based data

Earth Parking Orbit to Earth-Moon L1 AV Cost vs. Flight Time
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Figure 8.2.4.1-2: Total Outbound AV

8.2.4.2 Aborted Mission

During the transfer to L1, a mission abort may be necessary depending on the situation (e.g., a
propellant tank that becomes unusable) and when it occurs. For flights with a crew, it may be
necessary to target for shorter return flight times.

Assumptions

The abort AV maneuver is computed based on a nominal Earth departure and unexecuted L1 in-
sertion. The nominal target is a direct entry at Earth with no particular landing site. For a worst
case geometry, the moon is at perigee and has an orbit inclination of 28.6°. Also, the nominal L1
insertion requires the worst case plane change of 57.3°.

Results

A scan space was created for an abort execution time of £24 hours from the nominal L1 arrival
time and a return flight time ranging from 2 to 7 days. The minimum abort AV ranges from 20
to 30 m/s for a favorable Earth return flight time associated with an abort time. The abort AV is
sensitive to the return flight time, especially when flight times are shortened. The longer return
flight times are presented for completeness. If the mission is aborted about 2 days or more into
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the flight and the nominal L1 insertion AV is available, a 2.5 day return flight time is feasible.
For missions with a crew, the available AV budgeted for the return to Earth will enable shorter
return flight times.

Earth-to-L1 Outbound Abort Delta V Requirement (m/s)

« Initial Earth Parking Orbit: 407 km altitude, 28.5° inclination
« Earth Departure Date: 2006 Oct 02/18:00

« L1 Arrival: 3 days 10 hours mission elapsed time

* Moon inclination near maximum

\ . ] 5/04:00
\\ [~ — — 421:00 ¥
Ke]
\ \\ ] — 414:00 < z
-
407:00 O E
) ~~ado 1 gz
\ \ \ ] 4/00:00 = <
T
Time of Zﬂk — ~ 3/17:00 § g
Nominal L1 <t [~ — 310:00 53
Insertion \ D00 ] 30300 & g
Maneuver : c8
| % 4t0 ™ 212000 @
do 30 21300 =
q \ \ 2/06:00

= 2 I - ¥ I I F$ £ I S 2T OO 2 O8O D8

Abort Return Flight Time to Perigee (d/hh:mm)
| oo-200 0200-400 0400-600 D600-800 [800-1000 @ 1000-1200 1 1200-1400

Figure 8.2.4.2-1: Abort AV

8.2.5 Rendezvous at L1

In this section the sequence of a L1-rendezvous trajectory is described. This section is a proof of
concept of what the actual trajectory might be. The transfer consists of sequence of several pair
of burns; after each one the distance to the target is fixed and the target-chaser relative velocity is
zero. The distance to the target and the number of burn pairs, are parameters that will be deter-
mined by the details of mission. These details include error dispersion analysis data, availability
of navigation information, and safety constraints among others.

The idea behind this transfer is to get close enough to the target after the Earth departure burn
(1st burn) so the relative navigation can be used for the 2nd and subsequent burns. In Figure
8.2.5-1 an overview of a possible configuration for the L1-rendezvous is shown. After burns 2, 4
and 6 the distance to the target is reduced until the final distance for proximity operations is
reached. In the present configuration the chaser is always traveling behind the target. Although it
not shown in this report, a similar solution to the one the presented here where the chaser travels
ahead of the target can be obtained. The performance of this other solution is very similar to the
one presented in this report.
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In the next sections the numerical results of the study together with the assumptions and opera-
tional constraints considered are described. Finally, a short section describing deviations from
the nominal case has been included; this section takes into account two possible failures in burns
2to06.

2" burn
AV =722.90 m/s
3rd burn
Moon 4th burn AV = 0.45 mis
€ AV =0.45m/s AR
5t burn
AV = 0.04 m/s

7500 m
zero relative velocity
6th bum to target
AV =0.04 m/s ‘ 750 m FaVa'Ava
‘ zero relative velocity

to target

150 m

zero relative velocity

L1 Trajectory to target

1st burn
AV = 3062 m/s

| Earth Departure |

Earth

Figure 8.2.5-1: Overview of the L1 Rendezvous

In order to perform this study the following assumptions were made:

—  Dynamic model: Elliptic Restricted Three Body Problem (ERTBP)'' with lunar orbital

elements:
a =0.386478491D+06 : semi-major axis (km)
e =0.458577647D-01 : eccentricity
I =0.215675467D+02 : inclination (deg)
Q=0.372907832D+03 : ascending node (deg)
® =0.115539088D+03 : argument of periapsis (deg)
f =235.00 : true anomaly at epoch (deg)

o No four body effects have been considered for this case (i.e., Sun).
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o No perturbations have been considered (i.e., solar radiation or plasma environ-

ment).

— Operational constraints

o

(@)

o

In order to account for the navigation information to be ready the minimum time
between burns has to be more than 15min. (this applies to burns 2, 3, 4, 5 and 6).

The time of flight <=4 days. A typical TOF for a mission like this, where the total
AV is minimized and only two burns, is about 3.5 days'® therefore 12h are used
for the final rendezvous maneuvers (burns 3, 4, 5 and 6).

The number of burns is set to 6. This is only for this report, the final number of
burns will be determined by the specific details of the mission.

The chaser will coast behind the target if no burns are performed (this is only
valid if the 2nd burn has been performed correctly, that is for burns 3, 4, 5 and 6).
This situation is only temporary, due to possible perturbations the chaser will
eventually drift away (if no station-keeping maneuvers are performed).

To avoid collisions during the rendezvous maneuvers the distances to target after
each pair of burns are (zero relative velocity between target and chaser is also
considered):

= 7.5km (in this way relative navigation can be used from the second burn
to the end of the rendezvous)

= (.75km

= 150m (in this point proximity operations will start).
To avoid a possible collision before capture and docking the final burn<10cm/s.
Parking orbit: 407x407 (28.5 deg. Inclination).

— The final goal is to minimize the total AV.

— The study spans for 28 days. Since no disturbances and real ephemeris are considered the
solutions will repeat after 28 days (approx.).

Results

For the nominal mission, a 28-day simulation with the assumptions above has been performed. In
Figure 8.2.5-2 a nominal transfer obtained with Copernicus is shown. The transfer is composed
of six burns, a first major burn departing the Earth and then a sequence of five burns than com-
pletes the rendezvous. For the example in Figure 8.2.5-2 the results are summarized in the next

table:
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AV1 | 3.0621E+3 | ATI (1%-2"%) (day) | 3.60

(m/s)

AV2 | 7229 E+2 | AT2 (2™ -3") (day) | 0.01 | Distance to 7552.64
(m/s) Target after 2™ burn (m)

AV3 45E-1 | AT3(3"-4") (day) | 0.17

(m/s)

AV4 45E-1 | AT4(4"-5") (day) | 0.01 | Distance to 757.01
(m/s) target after 4™ burn (m)

AV5 35E2 | AT5(5"-6™)(day) | 0.20

(m/s)

AV6 3.5E-2 Distance to 152.11
(m/s) Target after 6 burn (m)

Table 8.2.5-1: Results for a L1-Rendezvous example

In Figure 8.2.5-3, the total AV for the 28-day simulation is shown (bottom figure) together with
the distance and velocity of L1 with respect to the Earth at arrival (top figures).

Figure 8.2.5-2: Nominal L1-rendezvous obtained with Copernicus
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Figure 8.2.5-3: Total AV after 28 days (bottom figure) and L1 distance and velocity with
respect to the Earth at arrival (top figure)

Deviations From The Nominal Case

In this section an example of a failed 2nd burn in the L1-rendezvous sequence is described (see
Figure 8.2.5-4). The idea is to show that if the 2nd burn is not executed then the spacecraft will
go back to Earth without colliding with the target in five days (approx.). The spacecraft will not
return to the same parking orbit because of the Moon’s effect on the trajectory. Since it might be
interesting to return to a specific orbit, the first pair of burns and the distance to the target can be
chosen such that in case of a failed 2nd burn the spacecraft return to a specific orbit around the
Earth.

If the 2nd burn is performed correctly then the subsequent burns will have the following feature:
if one of the burns is not performed then the spacecraft will coast after the target. It necessary to
point out that this situation is only temporary; the spacecraft will drift away without any maneu-
ver for station-keeping.

In general, if the odd burns (3 and 5 burns in the example above) are not carried out then the
spacecraft will coast for a while behind the chaser and eventually it will drift away due to pertur-
bations. If the even burns (2, 4 and 6 burns in the example above) are not carried out then the
spacecraft will drift away from the target but no collision will occur as we are not aiming for the
target itself but a position behind the target (actually we are aiming for the position the target
was at some time before).
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Figure 8.2.5-4: Chaser and target trajectories after a failed 2nd burn

Finally, this study should be completed with an error dispersion analysis of each burn. This
analysis may result in a different sequence of burns (i.e. a correction burn few hours later the 1st
burn, greater distances to the target after each pair of burns in order to avoid collisions, etc.)

Conclusions

This is only a proof of concept of a L1-rendezvous transfer. A further study that incorporates real
ephemeris data and four-body disturbances should be carried out. It is interesting to note that the
final part of the transfer (burns 2 to 6) lasts 12h so it seems that this time is not long enough to
take into account for solar pressure and other environment disturbances in the dynamic model.

In the section: deviations from the nominal case, only the case when the burns are not performed
has been studied. Therefore, it is also necessary to perform error dispersion analysis of each pos-
sible burn. From this analysis we will obtain:

— Distance between target and chaser. Errors in the steering angles or misburns might lead
to collision. The error dispersion analysis provides information about the minimum safe
distance that can be used after each pair or burns and therefore the number of burns
needed to complete the rendezvous.

— Correction burns. Between the first and second burns it might be necessary to include a
correction burn. The time between the first and the second burns is 3.5 days (approx.);
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this long coasting arc increases the sensitivity of the final position and velocity due to
steering errors or misburns in the first burn. Preliminary data'' suggest that this high sen-
sitivity can be reduced by including an intermediate burn. This new burn would change
the way the rendezvous is carried out, and this information will determined the distances
to the target in the subsequent burns (as mentioned before).

8.2.5.1 L1 Station-Keeping
Introduction

Although L1 is an equilibrium point in the Elliptic or Circular Restricted Three Body Problem a
spacecraft placed at this point will not remain on it; due to the unstable dynamics of L1 a minor
perturbation will provoke the drift of the spacecraft. This perturbation may come from the Sun or
other major planets, or from the natural environment at L1, e.g. solar pressure. Therefore station-
keeping will be required along the operation of the spacecraft (for the stage-disposal case this
might not be the case). The station-keeping phase will consist of maneuvers performed at differ-
ent times in order to compensate for the drift due to perturbations. These maneuvers can be car-
ried out at regular time intervals or at different time intervals obtained through the optimization
of a cost function (see Ref Scheeres) e.g. propellant, total DV, etc. Although the later approach
is optimal, for this high-level study the regular time interval case will be considered.

Regular interval approach

The idea is to study how different time intervals require different DV costs. Due to the unstable
nature of L1, it is known that the longer this interval is, the higher the control effort will be; at
the same time it is not convenient to perform maneuvers very frequently, so a trade-off study try-
ing to maximize the time interval but at the same time minimizing the total DV would be inter-
esting. For this study, we will consider the following assumptions:

— Dynamic model: real ephemeris data (JPL’s DE405 ) with Earth, Moon and Sun as main
bodies.

_ Operational constraints: Table 8.2.5.1-1 Station-Keeping Total

AV after one month
o Only regular time interval maneuvers are al- Time Interval | Total AV
lowed. For this study the time intervals will be
1,2,4, 6, and 8 days. (days) (m/s)

o The time span will be only one month. 1 0.110

0.075

Results

0.124

In general, an increase in the interval time will increase the to-

2

3
tal DV associated after one month (see Table 8.2.5.1-1). Al- 6 14.356
though in the 4, 6 and 8-day cases this trend is clear, we cannot
claim the same about the 1 and 2-day cases. The effect of the 8 997.358
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perturbation (the Sun) may mask this trend, for example by making the 2-day case more effi-
cient.

Conclusions

Even for a high level study like this one, the use of real ephemeris data and the inclusion of the
Sun as a perturbation in the system are key factors in order to obtain data that can be useful for
future studies. Although frequent maneuvers reduce the total cost associated with the station-
keeping they also require the use of navigation data more frequently; this might be a limitation to
the approach. This study suggests that maneuvers in time intervals between 2 and 4 days are
good starting points for a more detailed analysis of the station-keeping phase of this problem.

8.2.5.2 Earth to L1 Dispersion Analysis
Introduction

This section of the report describes preliminary analyses regarding the transfer of a chaser vehi-
cle from low-Earth orbit (LEO) to the Earth-Moon L1 area and the subsequent rendezvous with a
target vehicle previously transferred to the L1 area.

Orbit Transfer and Rendezvous Concerns

The goal of a series of orbit transfers that precede a rendezvous is to bring the chaser vehicle into
proximity with the target vehicle and to do so within time and fuel consumption constraints. Af-
ter completing the orbit transfers, the chaser vehicle performs a series of maneuvers that con-
clude with docking or berthing with the target vehicle.

Caution must be exercised in planning and performing the transfers and maneuvers. The goal of
moving the chaser vehicle ever closer to the target vehicle must be tempered with the need to
avoid collisions between the vehicles. Factors that lead to potential collisions include the orbital
environment, imperfect state information, imperfect sensors, imperfect effectors, and equipment
failures. The trajectory must be collision-free up to some point of no return that occurs just be-
fore the docking.

Comparison of LEO and L1 Environments

Several factors distinguish the LEO and L1 environments.

— Error accumulation. It takes over 3.5 days to travel to L1 (see Reference 1). Even very
small velocity errors in the transfer burn will build-up to form a very large error at arrival
at L1. This large error build-up does not occur with the short (~45 minute) transfer from
one LEO orbit to another.

— Gravity gradient. Even slight changes in LEO orbit altitude result in different orbital
rates. LEO rendezvous plans use the gravity gradient to their advantage (e.g., phasing or-
bits). In contrast, there is no gravity gradient at L1 from the short-duration perspective of
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rendezvous. The L1 environment is a virtually flat space gravitationally for the distance,
time, and relative velocities of concern for a rendezvous. Some consequences:

o The transfer to L1 must be direct (no phasing orbits) for crewed vehicles. Any-
thing else would take too much time.

o The area around L1 is a point-and-shoot environment. To go to a target point, aim
and fire. Fire again when the target is reached (though midcourse corrections are
expected).

o Collisions due to a dead chaser vehicle can be addressed. For example, aim at a
point somewhat askew from the target vehicle. Suppose the chaser fails com-
pletely during the burn. The chaser will either drift through the target point and
miss the target or will drift so slowly (in which case gravity gradient may become
a concern) that the failed vehicle does not present a short-term hazard.

Atmosphere. In LEO, atmospheric drag can complicate the design and be used to an ad-
vantage. Chaser and target vehicles with different ballistic coefficients present a chal-
lenge in LEO. L1 is a high-vacuum environment. Atmospheric drag is not a concern at
L1.

Navigation and communication infrastructure. LEO has the advantage of proven, reli-
able, highly accurate navigation infrastructure (GPS, ground tracking, TDRSS tracking,
etc.) and communication infrastructure (TDRSS, numerous ground sites, etc.). L1 cur-
rently only has Deep Space Network (DSN), which is a highly subscribed resource.

L1-rendezvous. The V-bar/R-bar approach - Transfer from LEO to L1

The transfer from LEO to the L1 environment must

Be direct (no phasing orbits)
Accommodate the LEO orbital plane differing from the Earth-Moon orbital plane

End with the chaser no closer to the target than the RSS of the target and chaser position
errors (plus margin)

End with the chaser no further from the target than the range of the relative navigation
sensors (plus margin for drift)

A very small (0.1 meters/second/axis 3 sigma) error in the LEO-to-L1 transfer burn results in a
very large (400 km 3 sigma) position error at L1. This large error is beyond the state-of-the-art
for relative navigation sensors. One or more correction burns are needed. In addition, a large
time and/or delta-v penalty will be incurred in correcting a 400 km error at L1. A correction burn
will incur a much smaller penalty.
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Case study 1. Common orbital plane The large position error in the L1 arrival position (closest
approach to L1) from an uncorrected LEO transfer burn dictates that the LEO transfer burn target
a point well below or above L1 to avoid the potential for a drifting collision with the target vehi-
cle. This burn targets a point 400 kilometers below or above L1. Near-optimal fuel consumption
occurs when this target point is the orbit's apofocus, in which case an impulsive burn of about
3100 meters/second is needed.

A correction burn compensates for errors in the initial burn and raises or lowers the orbit to
within relative navigation sensor range. The correction burn is quite small: about 1.1 me-
ters/second per 100 kilometers of change in the orbit's apofocus. The case study suggests that
targeting a point 15 kilometers above or below L1 will be safe for this correction maneuver. (Ca-
veat: some error sources were not taken into account in this initial study.)

An insertion burn at L1 arrival stops the vehicle with respect to L1. This burn is about 700 me-
ters/second in magnitude. The insertion burn must be performed very close to the planned time,
as it will take about 30 seconds to drift out of relative navigation sensor range at 700 me-
ters/second relative velocity given a worst-case targeting error and a 40 kilometer relative navi-
gation sensor range. The burn might thus take place before acquiring relative navigation; the
burn must be performed with the aid of absolute navigation equipment only.

A final insertion correction burn compensates for errors in the primary insertion burn. This final
burn must be performed after acquiring relative navigation but before drifting out of relative
navigation sensor range. Assuming a 40 kilometer relative navigation sensor range and a 1% (7
meters/second) error in the performance of the insertion burn gives 35 minutes to acquire relative
navigation and to perform the correction burn.

Case study 2: Different LEO and Earth-Moon orbital planes  The LEO orbital plane is 28.5°
inclination for a due-east launch from the Kennedy Space Center. A second study investigated
the case where the LEO and Earth-Moon orbital inclinations differ by ten degrees.

A five-burn solution uses nearly the same delta-V as the four-burn common orbital plane solu-
tion and provides very good accuracy for the L1 insertion point. The additional burn is an orbital
plane change maneuver that occurs between the correction burn and the insertion burn. Figure
8.2.5.2-1 portrays the trajectory from LEO to the L1 vicinity; locations at which burns occur are
marked.

Several advantages result from adding the plane change maneuver:

— The initial burn can target a point much closer to L1. The chaser will miss the target with
a large (2345 +/- 22 kilometers) out-of-plane component if the chaser fails after perform-
ing the initial burn but before performing the plane change maneuver.

— The second burn becomes a pure correction burn; it is not performed in the nominal (er-
ror-free) case.

— The plane change maneuver can be used as a second correction burn, reducing the error at
L1 insertion.
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— The cost of the plane change is greatly reduced by performing some of the plane change
at LEO and some at the planned plane change maneuver point.

100000 +

50000 1 Plane-change

Correction burn

Lunar V-bar (km)

L1 insertion

>4 T

.\_'_._,-r"’" T T T T T
-50000 50000 100000 150000 200000 250000 300000
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350000

j Earth-Moon axis (km)
-50000

Figure 8.2.5.2-1: LEO to L1 Transfer Trajectory

The plane change could also be performed in LEO as a part of the initial transfer burn or at L1
insertion. The first alternative is cost prohibitive. The second alternative is slightly more costly
than adding a separate plane change maneuver. Moreover, both alternatives require a suboptimal
target point for the initial LEO-to-L1 transfer burn to ensure a collision-free trajectory.

Methodology and Assumptions

A Monte-Carlo simulation was used to study the effects of state estimation and propulsion errors
on the trajectory. Table 8.2.5.2-1 presents the error sources used in performing this study. The
errors are estimates and are not quantified against any particular navigation technology or sensor
suite.
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Burn Navigated position Navigated veloc- | Delta-v error
error ity error
LEO-to-L1 Not studied (position | 0.1 m/s per 0.1 m/s per axis
transfer and velocity errors axis
are highly correlated)
Correction 100 m (alongveloc- | 0.1 m/s per 0.5% axial,
ity vector) axis pointing error of 1.5 de-
grees max, decreases as burn
time increases
Plane change | 1 km (along veloc- 0.1 m/s per Same as correction burn

ity vector)

axis

L1 insertion

Not simulated

Not simulated

Not simulated

Correction

Not simulated

Not simulated

Not simulated

Table 8.2.5.2-1: 10 Degree Plane Separation Burns Error Sources

Several assumptions were made to simplify the development of this preliminary case study:

The Moon is in a circular orbit.

Earth and the Moon are point masses.

No perturbing forces exist.

Burns are impulsive.

Results
Table 8.2.5.2-2 presents the results of the Monte-Carlo study. Figures 8.2.5.2-2 and 8.2.5.2-3

portray the dispersions in the closest approach to L1 given failures after performing the initial

transfer burn, the correction burn, and the plane insertion burn.

Burn Burn magnitude L1 closest approach for dead vehicle
(mean * dispersion, in | after burn (mean = dispersion, in km;
m/s) x = distance above L1,
y = distance ahead of L1,
z = out-of-plane position)
LEO-to-L1 3063.7 + 0.1 [ 7, 118, -2353]
transfer + [315, 1, 19]
Correction 0.1 £ 0.3 [-10, 118, -2355]
+ [ 70, 1, 17]
Plane change 38.2 + 0.3 [-15, 0, 0]
+ [ 6, 0, 15]

L1 insertion

716.9 = 3.5
(error due to inertial
guidance)

Total

3819.0 * 3.6

Table 8.2.5.2-2: 10 Degree Plane Separation Monte-Carlo Study Results
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Figure 8.2.5.2-2: Dispersions with Failures after Initial Transfer Burn and Correction
Burn
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Figure 8.2.5.2-3: Dispersions with Failure after Plane Insertion Burn

L1 Proximity Operations

As noted above, L1 is a point-and-shoot environment. In this section, a zigzag path from the L1
insertion point to the target vehicle via a series of way points will be constructed that ensures that
the trajectory is safe. The solution presented below is a feasible solution. Other solutions that
take less time and consume less fuel most likely exist.

Summary

The path comprises a set of way points and straight-line legs between the way points. The first
way point is a point 25 kilometers below the target vehicle on the R-bar axis, the nominal L1 in-
sertion point. The final way point is 25 meters from the target vehicle docking port on the V-bar
axis. The chaser proceeds to dock from this final way point. Intermediate way points are at 2.5
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kilometers on the V-bar axis and 250 meters on the R-bar axis. Figure 8.2.5.2-4 depicts this tra-
jectory.

2.5km
>
S
©
2
>
25m
25 km 250 m f
Earth-Moon R-bar (distance below L1) docked

Figure 8.2.5.2-4: Proximity Operations

The 10-to-1 scale factor reduction in the distances for each leg pertains to the leg velocities as
well. The vehicle drifts at 10 meters per second for the first leg (25 kilometers to 2.5 kilometers),
1 meter/second for the second leg, 0.1 for the third leg, and 0.01 for the docking. It thus takes
about 42 minutes to perform a transit from one way point to the next. Adding a rather arbitrary
18 minutes of stationkeeping per way point results in a 4 hour rendezvous after transiting to the
first way point. Given the errors in section 8.2.5.2, a zeroth leg is needed that involves transfer-
ring to the first way point. This transfer to the initial way point would target a point on the R-bar
directly below the docking port. Since the three-sigma dispersion of the insertion point from the
R-bar axis is 15 kilometers, a 10 meters/second velocity for this initial transfer would take less
than 42 minutes to accomplish. The rendezvous could thus be completed in five hours with this
scenario and would require about 42 m/s delta-v.

Keep-out zones

The Space Station adopted a set of keep-out zones to ensure safe operations by visiting vehicles.
The visiting vehicles must stay out of the relevant keep-out zone until permission has been
granted to enter that zone. A similar concept will help ensure safe operations for L1 rendezvous
operations.

The first keep-out zone is a 1 kilometer radius cylinder with semispherical end caps that sur-
rounds the target vehicle. The cylinder axis is on the Earth-Moon y-axis. The docking port is at
one end of the cylinder. The goal of the leg between the first and second way points is to pass to
the outside of the docking port end cap around the docking port and hence miss the entire keep-
out zone. The chaser vehicle is granted permission to enter this keep-out zone after successfully
stopping at the second way point.
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The second keep-out zone is a 10-to-1 scaled down version of the first keep out zone. The vehi-
cle is granted permission to enter this keep-out zone after successfully stopping at the third (250
meter) way point. The final keep-out zone includes a 10 meter radius end cap around the docking
port. The cylinder, however, is not reduced by a factor of 10, as the target vehicle may have solar
arrays that extend beyond 10 meters from the V-bar. This keep-out zone applies to the transfer
from 250 meters on the R-bar to 25 meters on the V-bar. The end-cap will remain the region to
avoid if the chaser vehicle is indeed on the R-bar at 250 meters distance.

Collision scenarios

Deviations from the nominal trajectory will result from errors and limitations in the vehicle’s
sensors, effectors, and control algorithms. A safe trajectory design must accommodate these ex-
pected errors that occur in all real vehicles. An even more important consideration is to make the
trajectory safe in spite of unexpected errors. Experience with LEO rendezvous has shown that
failure scenarios are often the driving factor in the trajectory design. Failure scenarios that the L1
rendezvous design must take into account include

a) The chaser begins the transfer from one way point to the next by imparting
some delta-V to itself and then fails completely. The delta-V is sufficiently
small that the vehicle has not corrected any errors that resulted from the delta-
V but is large enough that the free drift trajectory poses a collision threat.

b) The chaser detects a deviation from the nominal path and imparts a delta-V to
correct the deviation. The vehicle fails during or after performing the maneu-
ver. The resultant free drift trajectory impinges upon the relevant keep-out
zone, posing a collision threat.

c) The chaser vehicle must halt relative to the target vehicle at each way point
before proceeding to the next. The chaser kills its tangential relative velocity
but still has some residual radial velocity directed away from the target. The
vehicle over-burns while attempting to kill this radial velocity and then fails
completely. The over-burn results in the chaser vehicle aimed directly at the
target vehicle, again posing a collision threat.

Analysis

The latter two collision scenarios can be addressed by building redundancy and safety margins
into the vehicle’s sensors, effectors, avionics, electronics, control algorithms, and flight proce-
dures. The first scenario, however, does constrain the design of the trajectory path and the accu-
racy of the relative navigation sensors, the attitude control system, and the effector alignment.
Figure 8.2.5.2-5 depicts these errors.
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Figure 8.2.5.2-5: Errors impacting bearing to way point (not to scale)

The 10-to-1 reduction in distance for each step represents an angle of 5.71 degrees. For the initial
step with the vehicle up to 25 kilometers below the docking port, a keep-out zone end-cap of 1.0
kilometers represents an angle of 2.29 degrees. The same angle pertains to the second leg given
the 10-to-1 scaling in the size of the keep-out zones. The residual 3.4 degrees less some margin
for safety represents the maximum allowable error arising from erroneous attitude (navigated and
commanded) and from the propulsion effectors. The navigation, attitude control, and jet align-
ment errors are independent and thus should be RSSed rather than added to form a combined er-
ror. Assuming a 2-to-1 safety factor and 1 degree errors in jet alignment and attitude control er-
ror reduces the residual 4.3 degrees to 0.94 degrees, which is the maximum allowable error con-
tributions from navigation sources. The 1 degree errors in jet alignment and attitude control are
representative values for current vehicles. The 0.94 degree error (angle ¢ in Figure 8.2.5.2-5)
represents a combination of the navigation sensor bearing error (angle 0), the navigation sensor
range error, and the navigation filter error. The challenge is to provide accurate relative range
and bearing up to 25 kilometers (or more) from the target.

Summary

This report developed safe and feasible rendezvous and proximity operations scenarios for L1.
The preliminary studies outlined in this report made a number of simplifying assumptions. These
simplifying assumptions need to be addressed. The study presented is but the first step from the-
ory to practice.
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Based on this study, three navigation technologies were identified as critical for L1 operations:

— Ability to control the LEO-to-L1 transfer burn to about 0.1 meters/second/axis accuracy.
Very small velocity errors in the initial transfer burn, if uncorrected, result in large posi-
tion errors upon arrival in the vicinity of L1.

— Relative navigation, including accurate bearing, to about 40 kilometers. The chaser vehi-
cle cannot rely upon relative navigation in performing the L1 insertion burn. Errors in the
burn will result in a drift. The chaser needs to acquire relative navigation before it goes
out of sensor range.

— Absolute navigation near L1. The only source available presently is the DSN, and this has
low position accuracy and is heavily subscribed.

The above should not be construed as a complete list of enabling navigations technologies re-
quired for L1 operations. The only two environments with which the human space flight com-
munity has any experience are LEO and around the moon. The environment near L1 differs sig-
nificantly from both. Additional work is needed in identifying the technologies that must be de-
veloped to make L1 a practical option for lunar operations.

Alternative rendezvous and proximity operations architectures exist and need to be investigated.
The studies themselves suggest better alternatives than those investigated for both the in-plane
and out-of-plane rendezvous. The proximity operations architecture outlined in this study re-
quires over 40 meters/second of delta-V. Lower cost solutions certainly exist.

8.2.6 L1 to Moon Transfer — Nominal and Abort
Introduction

As part of the Lunar Design Reference Mission an abort AV assessment was developed based on
a nominal L1 to Moon trajectory. The study was divided into three portions:

a. L1 to Moon Abort using a 60 hr nominal transfer to the Moon, with abort executed 2
hours past periapse.

b. L1 to Moon Abort using nominal trajectories ranging from 50 to 70 hrs, with abort
executed 2 hours past periapse.

c. L1 to Moon Abort using 60 hr nominal transfer to the Moon, with abort executed on
time ranging from 5 to 100 hours past L1 departure.

In these studies all transfer involved trajectories from L1 to a 90° inclined orbit about the Moon.
Under nominal circumstances a lunar orbit arrival (LOA) maneuver is performed at lunar peri-
apse to place the vehicle into a 100 km altitude circular orbit about the Moon. In the event that a
failure to perform the LOA maneuver is detected an abort maneuver can be used to redirect the
vehicle back to the L1 safe haven. The nominal L1 departure AV for a 60 hr transfer is 248 m/s
and the LOA circularization maneuver of 632 m/s (880 m/s total AV).
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Assumptions

The time at which the abort maneuver is performed and the desired return trip time directly affect
the final budget for the mission, this assessment outlines these costs. Satellite Tool Kit (STK)
was used to simulate the trajectories and to compute the AV for this analysis. STK is a COTS
software tool allowing 2-D and 3-D visualization of studies. The tool allows for derivation of
detailed spacecraft technical requirements and specifications with cross-discipline analysis capa-
bilities. Some of the main capabilities include high-fidelity orbit propagation, maneuver plan-
ning, detailed link analysis and MATLAB interface. A selenocentric with J2 effects propagator
was used, including the Sun and Earth as additional point masses for gravitational effects. A
simplified GLGM2 gravity model with 2 degrees and zero order and an eight order Runge-Kutta-
Verner integrator with ninth order error control was used to propagate to vehicle.

Results

a.

For the first study involving a nominal transfer of 60 hrs, with abort executed 2 hours
past periapse, the abort return time was allowed to vary between 10 and 100 hrs. The
constraint of aborting 2 hours past periapse was derived from the Apollo era mission
design requirements. The total abort AV requirement ranges from 1488 to 2624 m/s,
and a minimum total abort AV was found to occur using a return to L1 time of 50
hours. These results can be seen in Table 8.2.6-1, and in Figure 8.2.6-1.

The second study involved the investigation of the effect of modifying the nominal
outbound trajectory time. The outbound time was allowed to vary from 50 to 70 hrs,
while the abort return time to L1 crossed the span of 10 to 100 hrs. All aborts were
still performed in the Apollo style time of 2 hrs past periapse. As can be seen in Fig-
ure 8.2.6-2, the abort AV approaches a minimum when a return time to L1 is ap-
proximately 50 hrs, and with outbound trajectories in the range of 50 to 54 hrs.
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Abort Return || Abort AV L1 Stop AV Total Abort
Time (hr) [|Return to L1 (m/s) AV (m/s)
(m/s)
10 1295 1329 2624
15 991 844 1835
20 875 597 1472
25 824 448 1272
30 802 351 1153
35 796 285 1080
40 799 238 1037
45 809 207 1016
50 825 187 1012
55 845 176 1021
60 870 173 1043
65 899 177 1076
70 934 186 1119
80 1015 217 1232
90 1105 259 1363
100 1188 300 1488

Table 8.2.6-1: L1 to Moon Abort -- 2 hrs past periapse
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Figure 8.2.6-1: L1 to Moon Abort -- 2 hrs past periapse
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Figure 8.2.6-2: Abort AV w.r.t to OutBound Time and Return Time

The final study focused on the nominal 60 hr mission, but removed the Apollo style constraint of
performing the abort maneuver 2 hours past periapse. In this case, the abort sequence was per-
formed at a range of times spanning 5 to 100 hrs past L1 departure. The return time was also
allowed to vary from 5 to 100 hrs. Two maneuvers are computed, an abort maneuver performed
to return the vehicle to L1, and a stopping maneuver designed to stop the vehicle at L1. Results
for the combined total cost for the abort can be seen in Table 8.2.6-2 and Figures 8.2.6-3 and
8.2.6-4.

As can be seen in Figure 8.2.6-3 and 8.2.6-4, the minimum abort AV is dependent on the abort
return flight time and the outbound time. It is important to note that no data exists for the 60 hr
outbound time with a 5 hour abort return time as that trajectory would intersect the Moon. The
higher AV values for abort maneuvers performed 60 hours into the trajectory are coincident with
the vehicle being located behind the Moon. Due to the polar inclination of the arrival orbit the
targeter has a limited solution range to achieve the target.
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Abort Time (hr)
5 10 15 20 25 30 35 40 45 50 55 60 65 70 75 80 85 90 95 100
5 | 248 124 83 63 51 43 37 33 30 28 26 25 24 24 24 24 25 26 28 31
10 | 494 248 166 125 101 8 74 66 59 55 51 49 47 46 46 47 49 51 55 60
15 | 735 368 247 186 150 126 109 96 87 80 75 72 69 68 68 69 71 75 80 89
20 | 969 486 325 244 196 164 142 125 113 104 97 92 89 87 87 88 92 97 104 114
25 | 1197 599 400 300 240 200 172 152 136 125 116 110 106 104 104 106 110 116 125 137
30 | 1418 708 471 353 281 234 200 175 157 143 133 126 121 119 119 121 125 132 143 157
T _35[1633 814 540 402 319 264 225 196 174 158 146 138 133 130 130 133 138 147 159 175
S 40 | 1846 918 607 450 355 291 246 213 188 170 156 147 141 139 139 143 150 160 174 192
E a5 | 2065 1024 673 495 387 315 264 226 198 178 163 153 147 145 147 152 161 174 191 211
; 50 | 2306 1138 742 541 418 336 278 236 206 183 168 158 153 153 157 166 178 195 215 238
E 55 | 2603 1273 821 590 450 357 292 246 214 192 178 172 171 176 185 199 217 237 259 281
£ _60 | NaN 1433 907 649 501 411 354 320 301 292 291 295 302 311 321 331 342 352 361 370
O 65 | 2513 1228 789 565 428 336 271 223 189 163 146 135 129 130 136 147 164 186 212 239
70 | 2363 1166 760 553 426 341 280 235 201 175 155 141 132 126 125 127 134 146 164 187
75 | 2375 1179 776 572 448 364 305 261 227 202 183 168 158 152 148 148 151 158 167 181
80 | 2473 1233 817 607 480 395 335 290 257 231 211 197 186 179 175 174 176 180 186 195
85 | 2611 1304 868 648 516 428 366 319 285 258 238 223 212 204 199 197 198 201 205 212
90 | 2760 1381 921 690 552 460 394 346 310 282 261 245 233 225 219 217 217 218 222 227
95 | 2006 1455 971 729 584 488 419 369 331 302 280 263 250 241 235 232 231 232 235 240
100 | 3036 1521 1016 763 612 511 440 388 348 318 295 277 264 254 248 244 242 243 245 249
Table 8.2.6-2: Total Abort Sequence AV
Abort Time (hr)
5 10 15 20 25 30 35 40 45 50 55 60 65 70 75 80 8 90 95 100
5 | 494 369 327 306 293 284 278 273 269 265 262 260 258 255 253 251 249 246 244 240
10 | 735 487 404 362 336 319 306 297 289 283 277 272 268 264 260 256 252 248 243 238
15 | 970 602 478 416 378 353 335 321 310 301 294 287 281 276 271 266 261 256 250 244
20 | 1199 713 550 469 420 388 364 347 334 323 314 306 300 294 2838 283 278 273 268 262
25 | 1420 821 621 522 463 424 397 377 362 350 341 333 326 321 315 311 306 302 298 294
30 | 1636 928 694 578 511 467 437 416 400 388 378 371 365 360 355 352 348 346 343 341
g 35 | 1851 1038 771 641 567 520 488 466 451 439 431 425 420 416 412 410 408 406 406 405
> 40 |2073 1158 861 719 639 591 559 538 524 514 507 501 498 495 493 491 490 490 490 490
E 45 | 2317 1300 976 825 743 694 664 645 633 624 619 615 612 610 609 608 607 607 607 606
~ 50 |2616 1495 1147 991 910 864 837 821 810 803 799 796 793 792 790 788 786 784 782 779
E 55 | 3065 1839 1480 1331 1258 1220 1198 1184 1175 1169 1163 1159 1154 1149 1143 1137 1129 1121 1112 1103
£ 60 | NaN 3198 3052 3020 3018 3028 3042 3057 3074 3091 3107 3124 3140 3155 3169 3183 3195 3206 3217 3226
3 65 |2388 1244 915 773 697 653 626 608 598 592 590 591 596 604 616 632 653 680 712 746
70 | 2394 1271 923 760 666 606 564 533 510 492 477 466 456 449 444 441 440 444 454 471
75 | 2487 1331 959 777 670 598 547 508 477 452 431 413 397 383 371 360 351 344 340 341
80 | 2621 1401 999 800 679 598 539 494 458 428 402 380 361 343 327 313 300 288 279 272
85 | 2768 1470 1038 821 689 600 534 484 443 409 381 356 334 315 297 281 266 253 241 231
90 | 2912 1533 1071 838 696 599 528 473 430 393 363 336 313 292 274 257 242 229 217 207
95 | 3041 1586 1097 850 699 596 520 462 416 378 346 319 295 274 256 240 226 214 203 195
100 [ 3149 1627 1115 855 696 589 510 450 402 363 330 303 280 260 243 229 217 207 199 193

Table 8.2.6-3: Abort Maneuver AV
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Abort Time (hr)
5 10 15 20 25 30 35 40 45 50 55 60 65 70 75 80 85 90 95 100
5 | 248 124 83 63 51 43 37 33 30 28 26 25 24 24 24 24 25 26 28 31
10 | 494 248 166 125 101 85 74 66 59 55 51 49 47 46 46 47 49 51 55 60
15 | 735 368 247 186 150 126 109 96 87 80 75 72 69 68 68 69 71 75 80 89
20 | 969 486 325 244 196 164 142 125 113 104 97 92 89 87 8 88 92 97 104 114
25 | 1197 599 400 300 240 200 172 152 136 125 116 110 106 104 104 106 110 116 125 137
30 | 1418 708 471 353 281 234 200 175 157 143 133 126 121 119 119 121 125 132 143 157
T _35|1633 814 540 402 319 264 225 196 174 158 146 138 133 130 130 133 138 147 159 175
T 40 | 1846 918 607 450 355 291 246 213 188 170 156 147 141 139 139 143 150 160 174 192
E 45 | 2065 1024 673 495 387 315 264 226 198 178 163 153 147 145 147 152 161 174 191 211
: 50 | 2306 1138 742 541 418 336 278 236 206 183 168 158 153 153 157 166 178 195 215 238
E 55 | 2603 1273 821 590 450 357 292 246 214 192 178 172 171 176 185 199 217 237 259 281
§ 60 | NaN 1433 907 649 501 411 354 320 301 292 291 295 302 311 321 331 342 352 361 370
© 65 | 2513 1228 789 565 428 336 271 223 189 163 146 135 129 130 136 147 164 186 212 239
70 | 2363 1166 760 553 426 341 280 235 201 175 155 141 132 126 125 127 134 146 164 187
75 | 2375 1179 776 572 448 364 305 261 227 202 183 168 158 152 148 148 151 158 167 181
80 | 2473 1233 817 607 480 395 335 290 257 231 211 197 186 179 175 174 176 180 186 195
85 | 2611 1304 868 648 516 428 366 319 285 258 238 223 212 204 199 197 198 201 205 212
90 | 2760 1381 921 690 552 460 394 346 310 282 261 245 233 225 219 217 217 218 222 227
95 | 2006 1455 971 729 584 488 419 369 331 302 280 263 250 241 235 232 231 232 235 240
100 | 3036 1521 1016 763 612 511 440 388 348 318 295 277 264 254 248 244 242 243 245 249

Table 8.2.6-4: L1 Arrival AV
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Figure 8.2.6-3: Mesh Plot of Total Abort AV
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Figure 8.2.6-4: Contour Plot of Total Abort AV

8.2.7 Lunar Powered Descent and Ascent
Introduction

This section provides a detailed description of a possible lunar powered descent design along
with performance analysis for a nominal descent and selected abort cases. This analysis is a
product of the First Lunar Outpost (FLO) study performed for the JSC/Exploration Programs Of-
fice in 1992. Similar analyses could not be performed for the LDRM-2 study because of the lack
of a detailed Lander vehicle design and specific mission approach. While the FLO mission fo-
cused on a lunar surface rendezvous (LSR) mission, the general vehicle performance trends can
be used for powered descent in a lunar orbit rendezvous (LOR) or a libration point rendezvous
(LPR) architecture. The following text is extracted from report JSC-25896, Lunar Lander De-
sign for the First Lunar Outpost.

Where appropriate, rationale is given to support assumptions made in the analysis. The FLO
lander trajectory was designed to provide a fuel efficient deorbit and powered descent to the lu-
nar surface while meeting terrain clearance and final approach acceleration constraints. The de-
scent design was then evaluated for compatibility with potential abort scenarios which include:
in-plane abort to orbit following complete descent stage failure, in-plane abort to orbit with and
assist from a partially failed descent stage (1 or 2 engines out in a 4 engine array), abort to the
lunar surface following a partial descent stage failure, and target re-designation in the final verti-
cal landing phase of the descent.
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Ongoing work should address a non-coplanar ascent from an aborted descent that has a specific
required return plane or a specific LOD target. The LOD target is based upon Earth landing lo-
cation and ascent/LOD performance considerations. In addition, the nominal and abort trajecto-
ries will be updated to include the latest vehicle mass statement, transport lags, rate limited steer-
ing, and possibly navigation related dispersions.

In the case of an LSR approach such as was used in the FLO study, the same pressure vessel
(crew module) was used for the lunar descent, ascent, and earth return. Program cost was a
prime driver for the single pressure vessel approach. The absence of a lunar rendezvous made
this approach simpler and thus more attractive, operationally. It also provided for anytime liftoff
from the lunar surface, a highly desirable option to enhance crew safety.

The Apollo information, used for comparison against the FLO trajectory design, was obtained
from Apollo 11 lunar trajectory notes and pre-flight operational mission profile documents'>" '°.
The Apollo Lunar Module (LM) powered descent was used as a point of reference to give per-
spective to the FLO design.

Lander Propulsion System

The thrust-to-weight (T/W) ratio has a significant effect on the AV cost for the lunar powered
descent (and ascent). Figure 8.2.7-1 shows the powered descent AV as a function of the initial
T/W. The selected FLO lander initial T/W was 0.4, where T/W was referenced using Earth's
gravitational acceleration (i.e. g = 9.8 m/s”). This T/W, which is designed to maximize the use-
ful payload to the lunar surface given the use of existing engines, is based on a descent stage
consisting of four cryogenic (liquid hydrogen and oxygen) throttle-able RL10-3-3A Centaur en-
gines. These engines can be gimballed +4° and each engine has a maximum thrust of 73392 N
(16500 1bf) and an Isp of 444.4 seconds. The numerical optimization tool, or simulation to opti-
mize rocket trajectories (SORT), used in the descent performance analysis employed a model of
engine Isp as a function of thrust level providing more realism to the lander's performance under
throttling conditions. The ascent stage T/W at liftoff from the lunar surface (and from an aborted
descent) was set to 0.43. This T/W was based on the use of three AJ10-118 (Delta second stage)
non-throttleable storable bi-propellant (monomethyl hydrazine fuel with a nitrogen tetroxide oxi-
dizer) engines that could be gimballed +3.5° and have a thrust rating of 43813 N (9850 1bf) each
at an Isp of 320 seconds.
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Figure 8.2.7-1: Powered descent AV as a function of the initial thrust-to-weight ratio with a
legend indicating the vintage of the FLO lander design

It is also important that, in the case of an aborted descent, the engine startup transient for the as-
cent stage be minimized. Once the descent stage has failed, it must be jettisoned and the ascent
engines brought to full throttle as quickly as possible. This can be both a performance and a sur-
face impact issue especially during the final phases of the descent profile. The longer the lander
falls without thrust to reduce its altitude rate, the greater the ascent AV cost to get back to lunar
orbit becomes and the greater the chance of a surface impact.

Mission Scenario

The mission scenario for the lunar descent begins with the FLO lander in a 100 km temporary
circular lunar parking orbit and ends with the lander touching down on the lunar surface. The
parking orbit, established by the lunar orbit insertion (LOI) maneuver, is required to provide the
capability to achieve any lunar landing site for small changes in the performance cost. Perform-
ance will be affected by the inclination of the powered descent trajectory. A retrograde equato-
rial powered descent costs about 9 m/s more than a posigrade equatorial descent. The small dif-
ference is attributed to the moon's slow rotation rate.

The mission scenario is a trajectory that was used for vehicle sizing. The trajectory is a retro-
grade (180°) descent to a zero longitude landing site. From the 100 km circular parking orbit,
the lander executes an 18.6 m/s deorbit maneuver placing it on a 100 x 18.5 km transfer orbit.
The lander then coasts (59 minutes) to the transfer orbit periapse region where it executes a pow-
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ered descent initiation (PDI)" and performs a powered descent to the surface. The details of the
powered descent are discussed in the next section.

A positive periapse altitude (18.5 km) was chosen to provide for contingency multiple passes
before executing PDI. Early performance work showed that the lunar descent performance was
fairly insensitive to the periapse altitude of the transfer orbit. A trade study comparing descent
performance as a function of periapse altitude is currently being conducted to supplement this
early performance work. The 18.5 km periapse altitude in combination with the flight profile
provides for better terrain clearance than the Apollo lunar descent.

Nominal Powered Descent Profile

The powered descent trajectory was designed for minimum fuel use subject to terrain clearance
and final approach acceleration constraints. Terrain clearance constraints dictate that the final
part of the descent be suitably steep. There were no actual window viewing constraints for the
FLO lander, as with Apollo Lunar Module (LM), since the visual information is intended to be
provided by closed circuit television (CCTV) cameras on the lander. As a result, the only atti-
tude constraint on the lander was that it be oriented vertically at landing.

The powered descent ignition occurs very near the periapse (true anomaly = 1.1°) of the 100 x
18.5 km transfer orbit. The T/W is 0.4 at powered descent initiate. The flight profile is com-
prised of three phases: a braking phase, a pitchup/throttledown phase, and a vertical landing
phase (see Figure 8.2.7-2). The braking phase is a minimum fuel trajectory which reduces down-
range velocity. The 60 second pitchup/throttledown phase sees the lander rotated from its atti-
tude at the end of the braking phase to a vertical attitude. A slow pitchup rate (1.3%sec) provides
a terrain clearing approach that is steeper than that of the Apollo LM while providing CCTV
viewing of the landing site. The time of visual acquisition of the landing site will depend on the
lunar landscape surrounding the site. Also during this phase, the engines are brought from a full
throttle condition to a 33% throttle level. The 33% throttle level provides a 1.2 lunar gravity ac-
celeration (1.95 m/s”) which is maintained during the final landing phase. At the conclusion of
the pitchup/throttledown phase, the vehicle is oriented vertically at a 100 m altitude. The 1.2 lu-
nar gravity acceleration level allows a reasonably slow vertical descent allowing the crew to ade-
quately assess the intended landing site for hazards. The end of the 24 second vertical descent is
marked by touchdown on the lunar surface.

The braking phase has been divided up into four pitch segments designed to minimize fuel use.
The targeting for these pitch segments has been computed to incorporate the
pitchup/throttledown and vertical descent phases. Table 8.2.7-1 (below) shows highlights of the
powered lunar descent.

From the table, at the beginning of the coast, the apoapse and periapse altitudes (Ha and Hp) are
100 and 18.5 km, respectively. But at the beginning of the powered descent, Ha and Hp are
101.1 and 17.5 km, respectively. The descent simulation was set up using osculating orbital
elements (which vary with time). The mean orbital elements (i.e., Ha and Hp), however, are 100
and 18.5 km, respectively, at the beginning of the powered descent.

" The acronym, PDI of powered descent initiation, has been borrowed from the Apollo program.
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Preliminary studies have shown a need for engine throttleup to effect ranging following naviga-
tion state updates during the powered descent. The navigations studies are, as yet, incomplete.
However, based on the preliminary results, it is suggested that the throttle level in the nominal
descent profile be chosen to allow for throttleup in response to navigation state updates. Further
study is required to assess the suitability of the powered descent flight profile to navigation state
updates, abort to orbit performance, abort to landing performance, and auto system landing site
redesignation. Though the descent profile design was not affected by these considerations, it
should accommodate them.

CREW MODULE - DESCENT
AVideal = 1862 m/s
Max Thrust = 293568 N

Initial mass @ deorbit = 74776.0 kg
Mass @ descent TIG = 74457.0 kg

BEGIN PITCHUP / THROTTLEDOWN
Tgo=84s

Altitude = 2451 m

Altitude Rate = -65 m/s

Pitch = 14 deg

Throttle = 100 %

Range to Landing Site = 2.8 km

POWERED DESCENT INITIATION
BEGIN BRAKING PHASE

Tgo=419s

Altitude = 17529 m

Altitude Rate =1 m/s BEGIN VERTICAL DESCENT
Pitch = -6 deg Tgo=24s

Throttle = 100 % Altitude = 100 m

Range to Landing Site = 321 km Altitude Rate = -8 m/s

Pitch = 90 deg
Throttle = 33 %

Range to Landing Site = 0 km

TOUCHDOWN AT MARE SMYTHII
Tgo=0s

Altitude =0 m

Altitude Rate = 0 m/s

Pitch = 90 deg

Throttle = 33 %

Range to Landing Site = 0 km

Figure 8.2.7-2: FLO Powered lunar descent flight profile
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PET Ha Hp AVideal Mass Comment

(sec) (km) (km) (m/s) (kg)

0 100 100 0 74776.0 Deorbit

4.7 100 18.5 18.6 74457.3 Begin Coast

3440.9 101.1 17.5 18.6 74457.3 Beg Powered Descent

3597.7 15.28 -1330 685.3 63893.7 End Pitch #1

3657.7 12.21 -1544 970.0 59851.6 End Pitch #2

3717.7 7.49 -1670 1274.7 55809.4 End Pitch #3

3777.7 3.70 -1731 1602.3 51767.3 End Pitch #4

3837.7 0.12 -1738 1834.1 49059.5 End Pitchup / Throttle-

down Mnvr.
3861.7 0.0 -1738 1881.3 48516.6 Touchdown

Table 8.2.7-1: Lunar Descent Data

Comparison To Apollo Nominal Powered Descent Profile

The FLO lander descent profile was compared to that of the Apollo LM to give perspective to
the FLO design as well as to reinforce assumptions and constraints used in the FLO design. The
Apollo program, a successful manned lunar mission, provided an excellent point of comparison
for the current design.

Design Drivers For FLO And Apollo

Three primary design drivers for the FLO lander powered descent were fuel optimality, terrain
clearance, and a low acceleration final approach. The fuel optimality driver meant minimizing
the fuel use during the powered descent, hence maximizing the usable payload to the surface of
the moon. The terrain clearance constraint was driven by the program's requirement for total lu-
nar landing access. No specific landing sites have yet been chosen, so the descent profile has to
be capable of landing at any site. It was suggested that it would be prudent to make the FLO tra-
jectory at least as steep as the Apollo lunar descent. The third design driver, a low acceleration
on final approach, would afford the crew ample time to assess the targeted landing site and, if
necessary, redesignate the landing to another site location. As it turns out, this low acceleration,
along with the multiple (four) engine descent stage configuration, results in possible descent
aborts to the lunar surface.

There are other important factors to be considered in the trajectory or systems design. They are
the ability of the descent design to cope with navigation state updates, providing sufficient auto
system target redesignation, and sufficient abort capability from the descent. Though these fac-
tors did not actually drive the design, the design should accommodate them.

The Apollo LM descent design was more driven by operational flexibility issues than was the
FLO design . The Apollo descent had three primary design drivers: fuel optimality, surface

" Ideal delta velocity refers to the entire velocity change due to thrusting. It includes all velocity losses (e.g., gravity
losses, thrust pointing losses, etc.).
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viewing, and a final approach that was compatible with large navigation uncertainties and sur-
face irregularities. The fuel optimality driver was intended to provide a minimum fuel descent
subject to mission constraints. The Apollo design was divided into 3 phases: the braking phase,
the approach phase, and the landing phase. Like the FLO, the braking phase was designed to
remove downrange velocity in a fuel efficient manner. The entire powered descent lasted 12
minutes and the 6.5 minute braking phase took from 12 to 3.5 minutes time to go until touch-
down. The surface viewing design driver was intended to allow the crew to view the landing site
area early in the powered descent (3.5 minutes before touchdown). The LM had to pitch up
enough so that the astronauts could see out the LM windows to the landing site. This pitchup
allowed the pilot to view the intended landing site at the beginning of the approach phase or high
gate (altitude = ~7000 ft). In order to achieve this viewing constraint (vehicle attitude con-
straint), a false set of targets were used in the braking phase which removed downrange velocity,
but allowed a large altitude rate at the end of the phase. In order to reduce this altitude rate, the
LM pitched up significantly at the beginning of the approach phase. The third primary driver
was a final approach that was compatible with potentially large navigation uncertainties and sur-
face irregularities. At the time, navigation performance at the moon had not been verified, so the
trajectory was tailored to allow for reasonably large navigation state updates.

Though not a primary design driver, an important consideration in the Apollo powered descent
was an approach path that stayed close to the design reference trajectory. This allowed the crew
to more easily evaluate the health of the descent guidance system. Another consideration was a
sufficient capability to perform manual landing site redesignation. The descent trajectory was
designed to accommodate both the auto landing system and the manual takeover during the final
approach and landing phase. Another important consideration in the Apollo descent design was
providing ascent capability from an aborted descent. This ascent abort capability did not cover
the entire LM descent, because there existed a "dead man's curve" or region in the descent trajec-
tory where an ascent from an aborted descent was not possible.

Performance And Profile Comparison

The FLO lander trajectory out performs the Apollo descent by 193 m/s while maintaining a
steeper descent profile and a shorter phase elapsed time (see Figure 8.2.7-3). The FLO lander
has a higher T/W (FLO = 0.4, Apollo = 0.33) allowing the FLO lander to complete its powered
descent in a shorter time, thus incurring lower integrated gravity losses. The window viewing
constraints in the Apollo descent trajectory required the LM to pitchup 3.5 minutes before touch-
down compared to less that 1.5 minutes (84 sec) for the FLO lander (see Figure 8.2.7-4). The
LM flew steeper pitch attitudes for a longer period of time, which again, resulted in a higher
gravity loss penalty for the LM trajectory. The proposed CCTV viewing system for the FLO
lander freed its trajectory from window viewing constraints. Figure 8.2.7-5 shows highlights of
the LM descent.

" The FLO descent design is currently in a conceptual stage. As the FLO program matures, it may be more heavily
driven by operations considerations.
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ALTITUDE VS DOWNRANGE DISTANCE
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Figure 8.2.7-3: FLO lander and Apollo LM altitude versus downrange distance for the
powered descent to the lunar surface
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Figure 8.2.7-4: FLO lander and Apollo LM pitch attitude versus phase elapsed time for the

powered descent to the lunar surface

LUNAR EXCUSION MODULE - DESCENT
Total Thrusting AV = 2055 m/s

Descent Propulsion System Fixed Throttle Setting = 4444 kgf (9798 Ib)
Mass @ Undock = 15288 kg
Mass @ descent = 15140 kg

POWERED DESCENT IGNITION
Tgo=692s

Altitude = 14879 m

Altitude Rate = -1 m/s
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Range to Landing Site = 482 km
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Figure 8.2.7-5: Highlights of the Apollo descent flight profile
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The highlights of the FLO and Apollo powered descent profiles are shown below.
MISSION PROFILES AT A GLANCE

Apollo — Lunar Module FLO - Crew/Habitat Lander

Initial T/W =0.33 Initial T/W = 0.40

PET = 692 seconds PET =421 seconds

Videal = 2055 m/s Videal = 1862 m/s

111.1 x 15.2 km Transfer Orbit 100 x 18.5 km Transfer Orbit

(60 n.mi. X 50000 ft)

Isp  303.5 Fixed Isp 444 Fixed

293.6 - 303.7 Throttled 433 - 444 Throttled

Braking Phase - False Targets Braking Phase - Actual Targets

92% Throttle - Throttling Late Full Throttle

in Braking Phase to 57% *

Approach Phase - Begins @ High Gate Pitchup/Throttledown 84 seconds

~3.5 Minutes Before Touchdown - Prior To Touchdown

Targets Used

Low Gate - 156 m Vertical Descent - 100 m

Powered Descent Range = 482 km Powered Descent Range =321 km
Descent Aborts

Performance analysis to date shows that a coplanar abort to low lunar orbit (i.e., 100 x 18.5 km)
is achievable throughout the powered descent trajectory given either a partial or complete de-
scent stage failure. Further, there are regions late in the powered descent trajectory where it is
possible to complete a surface landing with one or two failed descent stage engines. This per-
formance analysis, which assumes instantaneous jettison of the descent stage and throttleup of
the ascent stage, revealed no instances of surface impacts for any of the descent abort cases.
Since these events are not necessarily instantaneous, ongoing work will incorporate the finite
time it takes to perform them. An evaluation of maximum control rates is also planned for ongo-
ing analysis. There are certain regions of the powered descent trajectory where an abort to orbit
would involve large pitch rates (i.e. 10° to 11°/second). Planned future work will either verify
that vehicle propulsion systems are capable of generating the required pitch rates or provide rate

" The LM descent propulsion system (DPS) did not allow a sustained throttle setting between 92% and 65%.
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limited steering and/or updates to the nominal profile. This future work will also investigate the
performance for a non-coplanar ascent, from an aborted descent, to a specific LOD target.

Coplanar Abort To Orbit

This case of the in-plane abort assumes a complete failure of the descent stage. The ascent stage
(instantaneously) separates from the descent stage and begins an ascent back to a 100 x 18.5 km
transfer orbit where it coasts to apoapse for a circularization into a 100 km orbit. The ascent
ideal velocity cost (total thrusting velocity) for the inplane abort to orbit is shown as a function
of the phase elapsed time during the descent in Figure 8.2.7-6. Since performance for a coplanar
ascent becomes an issue late in the trajectory, the plot reflects the time during the powered de-
scent from the beginning of the pitchup/throttledown maneuver to lander touchdown. The nomi-
nal ascent ideal velocity for an ascent from the lunar surface is 1815 m/s. The most costly (in
terms of ideal velocity) time to perform a descent abort is 40 seconds into the
pitchup/throttledown phase where the ascent ideal velocity is 1831 m/s (16 m/s greater than a
nominal ascent from the surface). This is a relatively low additional cost to maintain complete
descent abort coverage. The ascent was restricted to pitching 20° from the vertical in the first 10
seconds of ascent powered flight. This was done to avoid close encounters (impacts) with the
lunar surface.

Figure 8.2.7-7 shows the altitude of the FLO lander at the time of descent abort and the mini-
mum altitude that the subsequent ascent trajectory encounters. The altitude rate and downrange
velocity plots in Figure 8.2.7-8 show that early in the pitchup phase of the descent, there is a sig-
nificant downrange velocity. So, even though there is a negative altitude rate, the ascent per-
formance cost is reduced overall due to the significant downrange velocity. The performance
cost becomes a maximum about 40 seconds into the pitchup maneuver because, while the alti-
tude rate has been reduced, the downrange velocity has been reduced to a much greater degree.
The cost to overcome the negative altitude rate overshadows the benefit derived from the rela-
tively small downrange velocity.
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Figure 8.2.7-6: Ascent ideal velocity versus phase elapsed time from the beginning of the
pitchup/throttledown phase to touchdown (Abort from touchdown is the same as a nomi-
nal ascent)
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Figure 8.2.7-7: Descent abort altitude and minimum altitude during ascent to orbit versus
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Figure 8.2.7-8: Altitude rate and downrange velocity versus phase elapsed time during the

powered descent
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Comparison To Apollo Abort Conditions

Figure 8.2.7-9 shows the altitude rate during the powered descent for the Apollo and the FLO
landers as a function of the downrange velocity. The plot data was intended to provide an under-
standing of the flight conditions at an aborted descent for the FLO lander as compared to that of
the LM. There existed a region on the lunar descent flight profile where an ascent abort to orbit
was impossible. The existence of this region can be attributed to either ascent stage performance
limits or a potential surface impact. To date, the ongoing Apollo mission review has not re-
vealed the cause (or causes) for this region. A cursory comparison of Apollo/FLO descent flight
profiles and ascent performance data seems to indicate that a potential surface impact plays a key
role in the existence of this region.

The plot shows that the LM has as lower altitude rate throughout most of the descent for a given
downrange velocity. For a coplanar ascent to orbit from an aborted descent, the greater the
downrange velocity at abort, the better the ascent performance. The plot does not, however, re-
veal the driving cause for the region in the LM descent where ascent to orbit from the aborted
descent stage was impossible.
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Figure 8.2.7-9: Altitude rate versus downrange for Apollo and FLO landers

The ascent performance of the LM ascent stage can be compared to that of the FLO ascent stage
for an aborted descent which occurs at a time during the FLO descent profile such that the ascent
performance cost is a maximum (i.e., 40 seconds into the pitchup/throttledown phase). The fol-
lowing table shows a comparison of the FLO ascent stage performance cost for both a nominal
and a descent-abort case as compared to a similar cost for the LM. The descent-abort case,
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again, assumes a complete descent stage failure 40 seconds into the pitchup/throttledown ma-
neuver. A FLO ascent target orbit (i.e., 100 x 18.5 km) is used for both cases.

T/W Isp Nominal Ascent AV Descent-Abort AV
(m/s) (m/s)
FLO 0.43 320.0 1815 1831
APOLLO 0.33 303.5 1844 1861

The performance penalty associated with the descent-abort for the FLO vehicle is 16 m/s. For
the LM under the same abort conditions, the descent-abort performance penalty is 17 mps.
There is very little difference in the descent-abort performance penalty between the two vehicles.
Further, the plot shows us that the LM was always in a preferred condition for doing an abort to
orbit than the FLO vehicle in that the LM had a greater downrange velocity than did the FLO
lander for a given altitude rate. This indicates that the actual Apollo descent-abort might have
had even a smaller performance penalty (over the nominal) than the FLO vehicle. It would seem
that since the performance impact of an aborted Apollo descent was not very large, that the threat
of a surface impact was likely a key factor in determining the region in the LM descent where
abort to orbit was impossible.

Partial Descent Stage Failure

A partial descent stage failure includes the loss of one or two engines. With a partial failure,
several abort options are available depending on when, during the descent, the failure occurs.
One option is an abort to orbit using the remaining descent stage propulsion system to assist in
the ascent. The other option is to abort to a surface landing on the moon. Performance studies to
date indicate that the best policy for three failed engines is to treat the situation as if the descent
stage had failed completely.

Abort To Orbit With Descent Stage Assist

Given one or two descent engine failures, an abort to orbit can be accomplished using the re-
maining propellant in the descent stage to assist in the ascent. Figure 8.2.7-10 shows the ascent
ideal velocity cost for ascents to orbit using the descent stage with one and two engines out. It
also shows the ascent cost for a completely failed descent stage (recall Figure 8.2.7-6). A de-
scent stage assisted ascent reduces ideal velocity required by the ascent stage to achieve the 100
x 18.5 km target orbit.
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Figure 8.2.7-10: Altitude rate versus downrange for Apollo and FLO landers

The descent stage assisted ascent was conservatively designed. Upon abort (one or two engines
out), the lander performs a 10 second rotation to a vertical attitude. It maintains this attitude un-
til it has depleted the descent stage propellant. The lander then jettisons the descent stage to
complete the ascent with the ascent stage.

Figure 8.2.7-11 shows a plot of the altitude following depletion of the descent stage propellant as
a function of the time during the critical one minute pitchup/throttledown phase. These are the
altitudes at which the spent descent stage would be jettisoned. A higher altitude is achieved for
the single engine out case compared to the two engine out case. The higher altitudes result in
lower ascent ideal velocity costs required by the ascent stage.

The plot in figure 8.2.7-12 shows the minimum altitude encountered for a one and two engine
out descent abort. Twenty seconds into the pitchup maneuver, the minimum altitude for the two
engine out case is 38 m. This is uncomfortably low. Surface impact constraints may preclude
the FLO lander from flying a descent stage assisted ascent when the descent stage has lost two
engines.
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ENGINE OUT DESCENT ABORT - ASCENT TO ORBIT

ASCENT ASSIST FROM DESCENT STAGE
ALTITUDE VS TIME DURING PITCH/THROT PHASE

9000

8000

7000

6000

5000

4000

3000

2000

Altitude After Depletion Of Remaining
Descent Stage Propellant (m)

Time During Pitchover/Throttledown Phase

\ /, 1 Engine Out

\ 4 2 Engines Out

\// e

\“\

—

‘ﬁ]n

0

20 40

(sec)

60

Figure 8.2.7-11: Altitude after depletion of descent stage propellant versus the time during

the 60 second pitchup/throttledown maneuver, for a one and two engine out descent stage

assisted ascent to orbit
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Figure 8.2.7-12: Minimum altitude encountered versus time during the 60 second
pitchup/throttledown phase for a one and two engine out descent stage assisted ascent to
orbit

Descent Abort To The Lunar Surface

Another abort option for a descent stage with one or two engines out is to continue to the lunar
surface. Figure 8.2.7-13 shows the plot from Figure 8.2.7-6 with shaded regions indicating the
time during the powered descent, when a nominal descent to the surface can be continued with
either one or two engines out. Recall that during the pitchup/throttledown phase, the throttle is
reduced from 100% to about 33%. Assuming no transport delays (i.e. instantaneous staging and
ascent stage throttleup to full thrust), then after a phase elapsed time of 359 seconds into the de-
scent or 22 seconds into the pitchup/throttledown phase, a nominal descent can be continued
with a single engine out. After a phase elapsed time of 380 seconds or 43 seconds into the
pitchup/throttledown phase a nominal descent to the lunar surface can be achieved with two en-
gines out.
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Figure 8.2.7-13: Minimum altitude encountered versus time during the 60 second

pitchup/throttledown phase for a one and two engine out descent stage assisted ascent to
orbit

Target Redesignation

The final landing phase of the powered descent, following the pitchup/throttledown phase, be-
gins with the FLO lander at 100 meters altitude with an altitude rate of -8 m/s (downward). The
vehicle attitude is oriented vertically, poised for final descent. The pilot would begin a target
redesignation to avoid a hazard at the landing site by commencing a horizontal traverse through a
prescribed distance during its descent to the surface. The end of the pitchup/throttledown phase
provides a performance bound on this target redesignation. Any redesignation prior to the 100
meter altitude would incur less performance impact. The target redesignation can be accom-

plished in any direction for the same performance cost, since the lander has no downrange veloc-
ity at this point.
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One of the several assumptions for the target redesignation is that the vehicle can actively throt-
tle during the target redesignation phase. The throttle range for the target redesignation lies be-
tween 25% and 100%. This equates to a thrust range of 73,392 to 293,568 N (16,500 to 66,000
Ibs.). There was some concern about engine stability with a large throttle throw range such as
10% -> 100% or 10-to-1 in addition to concerns about engine development time and the costs
involved. Performance for a target redesignation with a 10-to-1 throttle throw is slightly better
than that with a 4-to-1 range. However, the 25% minimum throttle on the 4-to-1 throttle range
poses control problems for the redesignation. For example, suppose there were a problem with a
redesignation and it became necessary to quickly build a negative altitude rate (Hdot). (Propel-
lant budgets may dictate increasing negative Hdot and then increasing acceleration before touch-
down). A 25% minimum throttle capability may not be low enough to allow the FLO lander,
depending on its mass, to slowly reduce Hdot or even achieve a negative Hdot at all. It is possi-
ble that a modest increase in throttle throw range (e.g., 5-to-1, 6-to-1, etc.) may provide the ca-
pability to expeditiously achieve negative Hdots while still providing good performance as well
as potentially easing engine development timelines and budgets. A 10% throttle rate limit and a
5%second pitch rate limit have also been imposed on the target redesignation. The vehicle atti-
tude was constrained to be no greater that 25° from the vertical during a redesignation.

Work to date has produced a fuel optimal set of target redesignation trajectories subject to the
above mentioned constraints. Though the trajectory path itself was fairly smooth and benign
looking, the throttle history was quite lively. Continuing work in this area will focus on calming
the movement of vehicle controls (i.e., throttle) without sacrificing performance. It would be
more settling, from the lander crew's viewpoint, to avoid large (even moderate) throttle excur-
sions during the final landing phase.

The bull's eye chart on Figure 8.2.7-14 shows the change in required ideal delta velocity in addi-
tion to the nominal vertical descent delta velocity needed to achieve a range of target redesigna-
tion distances from 50 to 150 meters. The figure also shows the additional landing time and the
additional propellant required.

It was decided to budget 12 m/s for a 50 m divert capability. The performance cost was reasona-
bly low and it was felt that, for a 20 meter FLO lander base diameter (from landing leg to landing
leg), that 50 meters was ample distance to avoid landing on an isolated obstacle. A large field of
obstacles (such as the boulder field encountered by the Apollo 11 crew) or a very large obstacle
was not considered in this budget as it was assumed that the landing site would be surveyed a
priori. The picture in Figure 8.2.7-15 shows the FLO lander executing a target redesignation at
100 m altitude. The trajectory and vehicle orientations are fairly accurate representations of the
actual simulated trajectory. The box shows highlighted events during the divert.
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Figure 8.2.7-14: Lunar descent - target redesignation performance costs
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Figure 8.2.7-15: Lunar descent - target redesignation flight profile
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8.2.8 Stage Disposal From L1

In this section, the disposal of a spent stage or spacecraft from L1 is described. There are three
different scenarios to consider: Moon, Earth and the heliocentric space. While the first two cases
are studied in this report, the disposal to heliocentric space will be included in a further study.
The idea is to perform a unique burn to dispose of the stage while minimizing the propellant (or
AV) cost. At the same time, the duration of the disposal should be such that the required moni-
toring lasts less than several days. It is known that for the restricted three body problem, low-
cost transfers can be obtained using Capture Dynamics and Chaotic Motions'' but these small
burn transfers require normally more than one to several months to complete. In that case, moni-
toring the stage or spacecraft for more than several days would be required. Those cases will not
been considered in this study. In Figure 8.2.8-1, an overview of the disposal problem is shown.
In this scenario, the coasting spacecraft or spent executes a maneuver targeting the stage to a dis-
posal trajectory back to the Earth, to the Moon, or to heliocentric space.

In order to perform this study the following assumptions were made:

— Dynamic model: real ephemeris data (JPL’s DE405) with Earth, Moon and Sun as main
bodies

— Operational constraints
o Only one maneuver is allowed.
o The maximum time of flight is limited to 5 days.
o Daily disposal maneuvers are evaluated over one year period.
o Disposal time of day is constant. No coasting is allowed before the maneuver.

— The final goal is to minimize the total AV
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Figure 8.2.8-1: Overview of the stage disposal problem

Results - Stage disposal to the Earth

In Figure 8.2.8-2, the trajectory of the disposed stage to Earth is shown. In order to study the
effect of the Sun’s perturbation in the problem, stage disposal maneuvers are examined over a
span of one year. In Figure 8.2.8-3, the time of flight and the cost of the disposal are shown.
The results do not repeat every month as one can expect if an elliptical restricted three body
problem model is used. The use of real ephemeris data and the effect of the Sun perturbation
seem to affect the results. The transfer time range is from 3.4 to 4.1 days while the disposal ma-

neuver ranges form 692 to 765 m/s.
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PART 1:PROCESSOR ITERATION EXECUTION TIME q

Figure 8.2.8-2: Stage disposal trajectory to the Earth obtained with Copernicus. Transfer
time = 4 days. Disposal maneuver AV =682 m/s
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Figure 8.2.8-3: Time of flight and AV for the stage disposal to the Earth in the year 2018
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Results - Stage disposal to the Moon

In Fig. 8.2.8-4 the trajectory of the disposed stage to Moon is shown. As in the previous case the
time spans for one year. In Figure 8.2.8-5, the time of flight and the cost of the disposal are
shown. The results do not repeat every month as one can expect if an elliptical restricted three-
body problem model is used, the use of real ephemeris data and the effect of the Sun perturbation
affect the results. The transfer time range is from 2.5 to 3.0 days while the disposal maneuver
ranges form 124 to 136 m/s.

Conclusions

The disposal of the stage or spacecraft to the Moon is much cheaper and takes less time than the
one to the Earth. The same conclusion cannot be achieved if the dynamic model does not include
the Sun. With L1 being an equilibrium point makes perturbations play a key factor in this prob-
lem, particularly the perturbations provided by the Sun.

Although we are using real ephemeris data and we are considering the Earth, the Moon and the
Sun in the dynamic model, these results can be improved if we allow the stage to coast before the
burn. In this study a maneuver is implemented everyday at the same time of day; this is not op-
timal and by allowing the spacecraft to coast the DV cost can be reduced. The only limitation to
this approach is that the coasting time must be constrained such that the total time of flight is less
than five days.

Finally, due to the duration of the transfer arcs, an error dispersion analysis should be considered
in order to complete the study. Only nominal trajectories have been obtained in this work and a
further study containing errors in the steering angles and misburns should be implemented.
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[PART 1:PROCE3Z0R ITERATION EXECUTION TIMNE:

Figure 8.2.8-4: Stage disposal trajectory to the Moon obtained with Copernicus. Transfer
time = 2.6 days. Disposal maneuver AV =135 m/s
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Figure 8.2.8-5: Time of flight (TOF) and AV for the stage disposal to the Moon in the year

2018

107



Exploration Systems Mission Directorate

Title: Lunar Architecture Focused

Document No.: ESMD-RQ-0005

Baseline

Trade Study Final Report

Effective Date: 22 October 2004

Page 108

8.2.9 Earth Return Mission Design

Minimum AV Requirements

When the moon is at perigee, the minimum AV requirement for a coplanar return is about 750
m/s with a flight time close to 4 days. Flight times that are longer or shorter than 4 days require

additional AV.

Lighting Conditions At Earth Return

The lighting condition at the Earth landing site depends on the Moon’s phase (illumination of the
Moon) at the time of lunar departure. In general, the vehicle lands in daylight when the Moon’s
phase travels from first quarter to last quarter. Night landings occur when the Moon’s phase
travels from last quarter to first quarter. The vehicle must be capable to return to Earth in either
daylight or darkness, since the L1 departure time cannot be controlled due to delays or an abort

during the mission.

L1-Earth Co-Planar Inbound Delta V Requirement (m/s)
« Moon: Inclination near maximum, Distance near perigee
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Figure 8.2.9-1: Earth Return AV
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Figure 8.2.9-2: Phases of the Moon and Lighting at Earth Return

Control Variables

Three parameters can be varied for targeting a landing site on the Earth: longitude, latitude, and
the azimuth angle.

Longitude Control

The vacuum perigee of the return trajectory is fixed at a point above the Earth’s surface and cor-
responds to a geographic longitude depending on the return flight time. Since the Earth rotates
360° in a 24 hour period, full accessibility of Earth longitudes can be achieved by varying the
flight time £12 hours. This variation is used to align the longitudes of the Earth landing site and
the vacuum perigee point. The 24 hour variation incurs a small difference in the trajectory’s
transfer angle.

Latitude Control

The Earth arrival latitude depends mainly on the Moon’s declination (with respect to the Earth’s
equatorial plane) at L1 departure. In general, latitude control can be achieved by allowing the
time of L1 departure to vary. In case of an abort or delays during the mission, the nominal range
of latitudes may not be accessible. Latitude also varies with the return flight time. Shorter flight
times result in a wider range of latitudes, while longer flight times result in a narrower range of
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latitudes. The range of latitudes also varies with the distance of L1 to the Earth. The range of
latitudes narrows as L1 approaches perigee; the range widens as L1 approaches apogee.

Azimuth Control

The return azimuth is the vehicle’s direction of motion and is controlled at L1 departure. This
control is present when the vehicle has the ability to perform a plane change at L1. Azimuth
control is required to maximize the range of accessible latitudes. The maximum latitude is
achieved by a polar return trajectory. The worst case departure azimuth change is 118.6°. This
number comes from adding 28.6° (the maximum inclination of the Moon’s orbit) to 90° (inclina-
tion for a polar orbit) when the Moon is at 0° declination.

Latitude

Landing
Ellipse

Vacuum
Perigee

Entry
Interface

Longitude

Figure 8.2.9-3: Entry to Landing Illustration

Landing Footprint

The landing footprint is an area of potential locations that the vehicle can touch down. The size
of the footprint is dependent on the vehicle’s lift-to-drag (L/D) ratio and atmospheric dispersions
(e.g., the Apollo reentry capsule had an L/D of 0.3 with a footprint length of ~1389 km). Down-
range capability is the distance along the trajectory’s ground track measured from entry interface
to landing (e.g., Apollo’s downrange capability is ~2380 km as shown in Figure 8.2.9-4).

When longitude control is applied, an overlapped region is formed from the footprints covering
flight times from 3.5 to 4.5 days. This flight time interval was derived by applying +12 hours to
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the nominal return flight time of 4 days. The shortest overlapped region occurs when L1 is at
apogee. Figure 8.2.9-5 shows that the location of the vacuum perigee from the antipode varies
with flight time, thus the overlapped region is formed. Figure 8.2.9-6 shows how the overlapped
region varies with L1 distance. When azimuth control is applied, the area of the 24 hour con-
tinuously accessible region stretches down to the antipode line.
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Figure 8.2.9-4: Normal and Dispersed Apollo Footprint

~1019 km of footprint length is continuously accessible during the 24 hour variation in flight time
for the worst case when L1 is at apogee. (It is ~1053 km when the L1 is at perigee)
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Figure 8.2.9-5: Effective Apollo Footprint for a 24 Hour Flight Time Variation

111



Exploration Systems Mission Directorate
Title: Lunar Architecture Focused Document No.: ESMD-RQ-0005 Baseline
Trade Study Final Report Effective Date: 22 October 2004 Page 112

Footprint / Antipode Relationship with Earth-Moon L1 Distance
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Figure 8.2.9-6: Effective Apollo Footprint with respect to L1 Distance

Latitude Band

Putting together the longitude, latitude, and azimuth controls and the landing footprint, a range of
latitudes, or a latitude band, can be drawn around the Earth for a specific L1 departure date (the
line of circles). The daily variation of the latitude band can also be plotted to show which lati-
tudes will be available during the mission, in case of delays or an abort during the mission (the
sinusoidal curve).
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Figure 8.2.9-7: Daily Variation of the Landing Latitude Band

Landing Site

Considerations in choosing a landing site will need to include safety, cost, and site accessibility
(opportunities). The following come from the First Lunar Outpost study on landing and recovery

options.

Water Landing
Safety

Cost

Landing sites

The vehicle sinking is a risk, recoveries are more complex, specialized
personnel are required, night recoveries should be avoided, emergency
self-egress is risky (must deploy a raft and exit a moving vehicle), and mo-
tion sickness can occur.

Costs for refurbishment are slightly higher than land landing systems. Re-
covery costs for coastal ocean and inland water landings are similar to
land landing. Open ocean recovery operations are more costly.

Two recovery fleets (one in the Pacific and the other in the Atlantic) are
required for open ocean landings. The fleets will either be deployed to a
designated area (nominal) or follow the latitude of the moon’s antipode
(for an anytime abort scenario). Coastal ocean and inland water landings
will require several landing sites depending on the vehicle characteristics.
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Land Landing
Safety Vehicle sinking is not a risk, landing system must be robust to ensure crew

safety, and emergency self-egress is less risky.

Cost Recovery costs are slightly lower compared to water landings. A vehicle
can be reused for more missions.

Landing sites Depending on the vehicle landing footprint, a specific number of sites
(primary and alternate) will need to be identified, outfitted, and manned
during a mission. In a past study, the First Lunar Outpost showed that a
minimum of 3 primary sites would be required. Also, at least 3 or more al-
ternate sites will be needed.

8.2.10 Earth Return Aeroentry and Aerobrake Performance
Introduction

Two entry scenarios will be assessed for returning a crew capsule from the moon. A Direct En-
try (DE) scenario will utilize the same technique exercised during the Apollo program where the
entry vehicle intercepts the Earth's atmosphere from the Lunar return trajectory and directly en-
ters to a desired landing site (nominally a water site). A second scenario will assess an Aerocap-
ture Entry (AE) technique for aerodynamically skipping into a LEO where phasing for a prede-
termined time will enable a second entry to a desired landing site (nominally a ground site). This
scenario requires a perigee raising burn and a deorbit burn.

Both entry scenarios require proper targeting at the moon to insure that the proper Earth Entry
Interface conditions (EI) of velocity, flightpath angle, latitude, longitude, and altitude are
achieved at the proper time. The proper EI conditions are determined from knowledge of the
desired landing point, the Range/Crossrange capability of the vehicle, and the vehicle and crew
constraints (thermal protection system rates and loads, total aecrodynamic acceleration, and dy-
namic pressure).

For the DE scenario, landing will occur approximately at the antipode of the Lunar return trajec-
tory. The antipode (which is always within about 0 to 6 degrees of lunar return orbit perigee),
can vary over a wide range (+-18.3 to +-28.6 degs). The Earth longitude of the antipode point is
targeted at LPD (LOD for LOR missions) nominally in proximity of a water recovery force. No
extra propellant is required for this scenario other than a small Trans-Lunar Mid-Course-
Correction (MCC) maneuver. If a land landing is desired, previous studies indicate a minimum
of 11-20 landing sites over the globe with +-90 degree entry azimuth control (fuel cost at LOD).

A third approach (which will not be addressed in this report) should be mentioned which permits
a vehicle, with an L/D in the 0.5 range, Continental United States (CONUS) landing capability.
This approach does require "Up Control" guidance (an un-validated Apollo guidance capability),
and possibly a small exo-atmospheric second entry correction targeting burn, to facilitate the
second entry. Long range targets can theoretically be achieved; however, the 0.5 L/D "require-
ment" may preclude the use of an Apollo capsule shield configuration.
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Assumptions

The same common vehicle will be used for both the DE and AE entry simulations. Tables
8.2.10-1 and 8.2.10-2 provide the vehicle initializations. A 62 standard atmosphere model was
used for the flights.

Common Capsule Design Properties:

Weight 7.551t
Diameter 5m
Aero
C. 0.39
Co 1.29
L/D 0.3

W/CpA 75 kg/m? (61 psf)

Table 8.2.10-1: Vehicle Definition

Entry Conditions (121.92 km, 400Kft):
Lunar
Inertial Velocity = 11 km/sec (36,200 ft/sec)
Inertial Flightpath Angle = -6.32 deg
LEO
Inertial Velocity = 7.9 km/sec (25,900 ft/sec)
Inertial Flightpath Angle = -1.63 deg

Table 8.2.10-2: Earth Entry Interface Initial Conditions

Results

The following charts (Figure 8.2.10-1 — 8.2.10-5) provide the data for the AE and DE return-to-
Earth flight simulations. Each plot contains three flights. The Direct Entry plot is a simulated
return from the moon, while the Aerocapture Entry plot simulates an aerocapture trajectory fol-
lowed by a Leo entry once proper ground landing site phasing has been achieved. The aerocap-
ture trajectory targeted for a 480 km exit orbit apoapsis altitude. The nominal exit perigee is 56
km, requiring a 125 mps circularization burn to achieve circular orbit.
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Figure 8.2.10-5: Heat Load (J/cm2) versus Relative Velocity (m/s)

Conclusions

An actual strategy for returning crew to Earth could combine the DE and AE strategies, depend-
ing on the actual ranging requirements for the given return scenario. For example, a mission
with a short ranging requirement and favorable antipode positioning could permit a DE flight to
a Continental United States (CONUS) land landing site. This is the simplest entry scenario, pro-
viding a minimum impact on vehicle consumables (power, ECLS, propulsion), however it also
provides the most extreme thermal and load environment (dynamic pressure, heat rate, and aero-
dynamic acceleration). For longer ranging requirement mission scenarios, an AE strategy could
be employed. Under this scenario a vehicle would enter and then exit the Earth's atmosphere.

As stated previously, a third alternate approach for Earth return entry was available but never
flown during Apollo. In this scenario, long range targets are achieved by targeting exit condi-
tions to achieve a second entry point that immediately follows the first entry, without requiring
an orbit insertion maneuver. This approach was outside the navigation and control capabilities
of the original Apollo vehicle; however, improvements in navigation, and incorporation of a sec-
ond re-entry targeting maneuver successfully simulated for similar Mars entry missions, warrant
future consideration of this scenario.
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8.2.11 Mission Design & Performance Requirements for LPR, LOR, and LSR Missions

While the LDRM-2 study primarily focused on the L1 rendezvous or LPR mission and its TRM,
it did also direct JSC to provide a comparison of LOR mission performance. This section com-
pares and contrasts the AV costs and mission design considerations for ten different missions
comprised of eight different LOR missions, the LPR TRM, and one LSR mission (added for the
sake of completeness). An underlying constraint for all missions provides for anytime abort
from the lunar surface. Namely, the crew retains the capability to immediately launch from the
lunar surface to an alternate or backup habitat in the event of emergency. Specifically, it is taken
to mean that a flight crew faced with a life-support system failure or a medical emergency at the
landing site should not have to wait longer than three times the period of the lunar phasing or
rendezvous orbit to initiate a LOD maneuver that will return them to Earth atmospheric entry and
landing.

Notwithstanding the elliptical lunar orbit and its accompanying variations in apogee and perigee
velocities, the fixed (Earth-L1-Moon) geometry employed by the LPR mission results in consis-
tent nominal and abort performance requirements. At any time, and for essentially the same AV
cost, the crew to could launch from the surface back to L1 by choosing any launch azimuth to
establish a 100 km phasing orbit with a selectable inclination and associated right ascension of
the ascending node that is properly aligned for a coplanar transfer to L1. The slow rotation rate
of the moon (i.e., about 5 m/s at the lunar equator) provides minimal impact on the selected de-
parture phasing orbit inclination.

Note that the various AV costs for these ten missions provide the performance requirements
needed for vehicle mass sizing. They are designed to provide the minimum performance re-
quirement subject to the overall anytime lunar surface abort constraint and a set of primary mis-
sion constraints listed in Table 8.2.11-1. The bold face constraints in this table indicate a con-
straint change from the previous mission. The LDRM study focus was a 7 day mission. This
report also includes 3 and 11 day surface missions in order to envelope all lunar missions with
daylight landing and launch. The 3-day mission mimics the longest surface stay Apollo mission.
The 11-day mission reflects the longest surface stay that could accommodate a lunar landing us-
ing the Apollo landing lighting constraints (i.e., with the sun lies approximately 7°-22° off the
lunar horizon, behind the lander) and a daylight launch.

Mission 1 is intended to provide an Apollo type mission as a reference. This mission encom-
passes close to the length of the longest Apollo surface stay and maximum landing site latitude
(26.1° for Apollo 15). The ground launch (Canaveral) provides for daily launch opportunities
and a minimum geocentric plane change at lunar arrival. All missions employ an expendable or
Earth-based lander freeing the mission from a potentially more expensive lunar rendezvous with
a pre-established parking orbit at the Moon. Missions 2, 3, and 4 are all ground-launched LOR
missions with global lunar landing site access. The only differences in the mission constraints
among mission 2, 3, and 4 are the limits on total surface stay time (i.e., 3, 7, and 11 days). These
missions were designed to provide the cheapest (i.e., minimum AV) cost by sacrificing on-orbit
time, with the CEV loitering in lunar orbit long enough to effect inexpensive coplanar maneuvers
while maintaining the capability for anytime abort off the lunar surface. LOR missions 5, 6, and
7 also possess global lunar landing site access for 3, 7, and 11 day surface stays, respectively.
However, these missions differ from missions 2, 3, and 4 in that they depart from a fixed 28.7°
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LEO parking orbit. Mission 8 adds a long duration lunar surface stay (i.e., > 28 days). Note that
the maximum mission AV performance is encompassed by a surface stay of approximately 28
days or more as a result of the lunar orbit period. For longer surface stays, the orbital geometry
is repeated. Mission 9 represents the TRM and serves as a convenient reference. Finally, mis-
sion 10 is a LSR mission (much like that of the First Lunar Outpost mission design study per-
formed at JSC'?).

|missiON | 1 | 2 | 3 | 4 | 5 | 6 | 7 | 8 | 9 | 10 |
Mode LOR LOR LOR LOR LOR LOR LOR LOR LPR LSR
@ [Launch Canaveral | Canaveral | Canaveral | Canaveral | 28.7° Orbit | 28.7° Orbit | 28.7° Orbit | 28.7° Orbit | 28.7° Orbit | Canaveral
5 Lander Expendable | Expendable | Expendable | Expendable | Expendable | Expendable | Expendable | Expendable | Expendable | Expendable
P "
e ;;2"'"9 a0 Global Global Global Global Global Global Global Global Global
4 . Access Access Access Access Access Access Access Access Access
O |[Latitude
© Surface
) 3d 3d 7d 11d 3d 7d 11d >28d >28d >28d
Stay Time
Min. AV -
Comment Apollo Minimum AV with Lunar Loiter Non-Minimum AV - No Lunar Loiter LDRM-2 No Lunar
Type BRM Loiter

Table 8.2.11-1: Mission Constraints for 10 Selected Missions

Mission Configuration Details — Original Study

The mission parameters were determined with the intention of providing the best possible mis-
sion design with the intent to minimize the delta-V of the required on-orbit vehicles. That being
said, the mission designs also contain worst-case parameter values intended to provide the mis-
sion with a robustness (e.g., arrival at the Moon and allow for crew safety-related capability).
The EOD maneuvers for all ten missions are coplanar. While a rigorously optimized solution
may result in a small EOD plane change component, the comparative parametric analyses in this
report are well served with a near optimal coplanar maneuver. Table 8.2.11-2 provides a quick
look at the mission profile characteristics for missions 1 through 10.

Landing Launch

Mission 1. Mission 1 constraints, as | &5 nscont

listed in Table 8.2.11-1, are included in PO — . LOTE ﬁ“ce"*@ % LOD
a “bat chart” of the mission profile in 100 km = por Rendezyots ¢
Figure 8.2.11-1. This short stay (3 day)
ground-launched mission is designed to

achieve a maximum lunar landing site Lander ISSION
latitude of 30° and provides an Apollo- kid (LR
like mission for comparison purposes. - Expendable Lander
- Landing Lat. Access = +30°

. L. . . - Surf Stay = 3 D.
Variation in the launch azimuth, also |_|go¥ e \ /
reminiscent Of Apollo’ ranges from 720 EOE 200 km Rendezvous/Construction Orbit \/
to 108° for range safety considerations, Launch Direct Entry

depending on the time and date of
Figure 8.2.11-1 — LOR Mission 1
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launch. A 72° launch azimuth places the spacecraft onto a 200 km circular phasing orbit with a
32.54° inclination. The maximum geocentric Earth-Moon (EM) inclination of 27.4° arises from
targeting lunar arrival when the Moon, in its minimum geocentric orbit inclination (18.3°), is at
its apex or point of highest geocentric latitude. This results in a 3025 m/s EOD cost for a 4-day
transfer to the Moon with arrival at lunar perigee. The 4-day flight time represents a near mini-
mum AV cost subject to lunar arrival with the Moon at a distance resulting in the largest AV cost,
namely perigee lunar arrival. Note that, at Earth departure, the outbound trajectory is elliptical
relative to Earth, but at lunar arrival, the incoming trajectory is a hyperbola.

The combination of lunar arrival distance (i.e., perigee) and flight time results in a lunar arrival
V., vector magnitude of 903 m/s. The desire for a minimum lunar ascent wedge angle (after the
surface stay) and a 30° maximum possible landing site latitude results in a 31° lunar parking or-
bit inclination. The worst case relative arrival declination of the V., vector of 50° stems from the
sum of the parking orbit inclination (31°) and the worst case declination of the incoming V., vec-
tor (19°). Note that the 19° arrival V vector declination stems from the sum of approximately
10° due to a worst case angle (perpendicular) between the Moon’s and the spacecraft’s geocen-
tric velocities at lunar arrival plus approximately 7° to account for lunar libration in addition to
2° to account for 2nd order variations.

Retrograde parking orbits are desirable for manned missions as they provide better (lower AV)
abort options. For the case of mission 1, the maximum 30° landing site can be accommodated by
a retrograde orbit inclination of 149° which is merely the supplement of the 31° parking orbit
inclination that provides a minimum ascent wedge angle, hence minimum ascent AV.

The 50° relative arrival V,, vector declination along with a 100 km circular lunar parking orbit
target results in a 1143 m/s LOA AV. The LOA maneuver consists of a 3-impulse sequence with
a 24-hour transfer orbit period. For this case, the 3-impulse sequence possessed a lower AV cost
than a single impulse. The 100 km circular LPO poises the Lander for a coplanar powered de-
scent to the surface at a cost of 1881 m/s with the CEV remaining in the 149° parking orbit.
Note that the powered flight descent and ascent AV are based on past work®. After a 3-day sur-
face stay, a 1850 m/s powered ascent sequence takes the crew from the surface to the awaiting
CEV in LPO (100 km circular orbit altitude). In order to accommodate an anytime abort from
the surface, the 149° parking orbit target from a maximum 30° landing site requires a maximum
ascent plane change of about 1° at a cost of 29 m/s. The Lander and CEV perform rendezvous
and docking in the 100 km LPO. After crew transfer from the Lander to the CEV, the Lander is
jettisoned for CEV return to Earth.

The return phase targets a direct Earth entry to an Earth vacuum perigee (EVP) of 38 km (based
on Apollo 17 mission design). A geocentric Moon-Earth (ME) transfer plane of 40° provides for
coverage of favorable Earth landing latitudes. For the Moon’s position, at lunar departure, at the
apex of its orbit, the 40° geocentric transfer orbit inclination results in a 36.2° ME transfer orbit
inclination with respect to the EM plane. This combined with a shorter 3.5-day return flight time
from the Moon at perigee results in a slightly larger LOD V. of 952 m/s. This V., combined
with a relative departure declination of 50° produces a 1152 m/s LOD AV maneuver which
places the CEV on an Earth return path.
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Missions 2 — 7. The architecture for these LOR missions include a CEV and Lander, each
boosted to LEO to rendezvous with pre-launched EDS stages. In this mission scenario, four
launches are required, with about 2 weeks between launches. While this approach results in a

fixed construction orbit with multiple ) e —

LEO rendezvous, the CEV departure @’} ] T ascent
parking orbit can be pre-determined on LPO— e PDI g Rendezvous L;j o
the ground to provide an optimal (e.g.,

minimum IMLEO) mission. This ap-

proach provides the performance bene- Lander Lop eSION2-7

fit of a ground launched mission. If the v oo Lo der

Lander is to be pre-emplaced, this ar- A Ces 1 Days
chitecture may tolerate Lander EOD

delays by recycling a missed departure LEO— 407 km Construction Parking Orbit

to the next opportunity (about 9-10 EOD \\ //
days later on average, depending on the e Birect By
LEO parking orbit inclination and alti-

tude). This flexibility stems from,
among other things, the Lander being
unmanned until CEV arrival, rendezvous, and subsequent crew transfer. However, mission suc-
cess will heavily depend on the EOD for the CEV occurring within the design injection window.
In this mission design case, the CEV and Lander are assumed to fly to the Moon in a mated con-
figuration, much the same as the Apollo missions. The constraints for missions 2, 3, and 4, as
listed in Table 8.2.11-1, are included in a “bat chart” of the mission profile in Figure 8.2.11-2.

Figure 8.2.11-2 — LOR Missions 2-7

Missions 2, 3, and 4 have the same mission profile with the exception that the lunar surface stay
time varies from 3 to 7 to 11 days, respectively. The focus of the original LOR mission was a 7-
day surface stay. A 3-day surface stay was added as a comparison to an Apollo stay time. An
11-day stay was also added which addresses a full lunar day stay with Apollo-like landing condi-
tions (i.e., with the Sun 7° to 20° off the horizon behind the spacecraft at landing) and an ascent
during the lunar day (approaching lunar sunset).

For missions 2-4, the plane changes for LOA and LOD (at the Moon) are eliminated by perform-
ing a loiter in lunar orbit until coplanar maneuvers can be used. This is done to achieve the
minimum possible mission AV at the expense of additional lunar on-orbit time. Missions 5, 6,
and 7 also represent 3, 7, and 11 day surface stay missions, respectively. However, missions 5-7
differ from missions 2-4 in that they carry enough plane change performance (AV) to accomplish
the maneuver sequences with no on-orbit lunar loiter. While the design for missions 5, 6, and 7
endeavors to minimize overall AV, it sacrifices some performance in favor of the ability to per-
form lunar on-orbit maneuvers with no required loiter time to remove LOA or LOD plane
change components.

A near due-east launch places the CEV (with required EDS booster stages) into a 474 km, 28.7°
inclination LEO parking orbit. Note that the original performance analysis for missions requir-
ing construction orbits used a 407 km circular parking orbit altitude. Later, the altitude of this
orbit was raised to 474 km to provide a phase repeating orbit for the purposes of maximizing the
occurrences of a daily launch opportunity as well as minimizing required on-orbit phasing time
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via a consistent daily rendezvous phase angle. For purposes of this initial parametric mission
design study, the difference between these two possible Earth rendezvous orbits (ERO) has a
minimal effect on overall mission AV. The 28.7° target inclination is designed to extend the
launch window. Rendezvous considerations are discussed in more detail in section 8.2.2.

For the entire mission set (i.e., 2-7), the maximum geocentric transfer orbit inclination of 57.3°
results from a worst case orientation of the 28.7° LEO departure parking orbit combined with a
lunar arrival at nodal crossing with the Moon at the maximum in its 18.6 year lunar inclination
cycle (i.e., 28.6°). This worst case orientation is represented by the sum of the LEO departure
orbit and the lunar inclination (i.e., 28.7°+28.6°). A 4-day flight time provides a minimum trans-
fer AV for lunar arrival with the Moon at perigee. For this case, the 3074 m/s EOD takes the
spacecraft to a lunar arrival V., vector magnitude of 986 m/s. Depending on the lunar landing
site latitude and longitude, the lunar parking orbit could range from 90° to 180° and would be
tailored to the landing site latitude. Note that, again, a retrograde parking orbit is selected for its
favorable abort performance costs.

For the case of missions 2-4, the LOA maneuver establishes a preferred orbit inclination for a
given landing site latitude. A 0° landing site latitude results in a worst case 19° relative declina-
tion of the arrival V... A less expensive 3-impulse arrival (compared to a 1-impulse arrival) with
a l1-day intermediate transfer orbit period produces a LOA AV cost of 978 m/s. Note that both a
single and 3-impulse case were considered for this mission with the 3-impulse LOA producing a
lower AV cost at the expense of an extra day of flight time. After up to a 7-day lunar loiter, the
Lander performs an 1881 m/s coplanar powered descent to the lunar surface.

For missions 5-7, a less expensive 3-impulse LOA sequence (compared to 1-impulse) produced a
smaller LOA AV with a 1-day transfer time between the 1st and 3rd impulses. These missions
require the post-LOA phasing orbit to have a specific inclination and longitude of the ascending
node to accommodate a 1881 m/s coplanar powered descent to the surface. This phasing orbit
inclination and node constraint requirement produce a (worst case) 90° relative declination of the
arrival V, for a 1416 m/s LOA AV cost.

Following a surface stay of 3, 7, or 11 days for missions 2, 3, and 4 and for missions 5, 6, and 7,
respectively, a powered ascent takes the Lander ascent stage back to a 100 km LPO. Note that
considerations for anytime abort from the lunar surface dictate maximum ascent plane changes
(and associated plane change AVs) of 1.2° (34 m/s), 6.7° (191 m/s), and 17.9° (510 m/s) for sur-
face stay times of 3, 7, and 11 days, respectively. Once back in LPO, the CEV and ascent stage
perform rendezvous and crew transfers to the CEV. For missions 2-4, the CEV loiters in lunar
orbit until its parking orbit most closely aligns with the departure V., vector. In a best case, the
relative declination of the departure V,, is 0°. However, in a worst case, the combination of geo-
centric coazimuth and lunar libration effects can result in a relative declination of about 19°.
Missions 5-8 are designed with enough performance (AV) to intercept a departure V., vector
without any lunar loiter, for a shorter overall mission time.

As with mission 1, the direct Earth entry for missions 2-7 targets a 38 km EVP altitude, a geo-
centric ME transfer orbit inclination of 40° (with respect to the Earth equator) and an associated
36.2° ME transfer orbit inclination with respect to the EM plane. Combining these constraints
with a 3.5-day flight time results in a lunar departure V,, vector magnitude of 952 m/s.
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For missions 2-4, the availability of a lunar loiter allows the CEV time to minimize the relative
declination of the departure V (i.e., 19° in the worst case). A 3-impulse departure possesses a
lower LOD AV cost of 966 m/s (compared to the cost of a I-impulse departure) at the expense of
1 day of additional flight time in the intermediate transfer orbit. For missions 5-7, the require-
ment to perform LOD immediately after ascent and rendezvous could, in a worst case, result in a
90° relative declination of the V., vector. For this case the LOD AV cost is increased to 1410
m/s.

Mission 8. This LOR mission, shown in Figure 8.2.11-3 follows the same fundamental architec-
ture as missions 2-7 except that the mission 8 design accommodates a long lunar surface stay
(>28 days). Note that a surface stay longer than 28 days will not result in an increase in the
overall AV cost for this mission as 28 days represents a full lunar rotational cycle containing all
transfer orbit geometries. For surface stays greater than 28 days, these geometries merely repeat.

After rendezvous in a 28.7°, 407 km circular ERO, the CEV/Lander configuration performs a
3074 m/s EOD placing the tandem spacecraft on a worst case 57.3° geocentric EM transfer orbit
inclination destined to arrive when the &
Moon is coincidentally at its perigee
and orbit node. A minimum AV 4-day

Landing

transfer produces a lunar arrival V. LPO. R Pty & K
vector magnitude of 986 m/s. A zero
degree LPO inclination, designed to . o ESIONS
. . . ander -
minimize LOA and LOD AV costs, CEV - 28.7° LEO Orbit
° . - Expendable Lander
produces a worst case 19° relative dec- - Global Landing Access
. . . - Surface Stay > 28 Days
lination of the arrival V,, vector and a
LEO.
879 m/s LOA AV. In order to reduce L 200 en Phasing Orbit //

EOD
Launch

the impact of possible worst case 90°
powered descent and ascent plane
changes, the circular LPO altitude was
raised to 3000 km. Following LOI, the
spacecraft performs powered descent to the surface via a 100 km circular lunar phasing orbit.
Descent departure from the 3000 km altitude circular LPO includes a AV of 1629 m/s for transfer
to a 100 km circular phasing orbit altitude including a 90° plane change. An 1881 m/s powered
descent to the surface brings the total AV cost of the descent and plane change to 3510 m/s.

Direct Entry

Figure 8.2.11-3 — LOR Mission 8

After a surface stay that is not limited by trajectory considerations, the ascent stage lifts off from
the lunar surface and returns, via a 100 km phasing orbit, to the 3000 km circular LPO altitude.
During circularization at 3000 km, the ascent stage performs a worst case 90° plane change. The
total ascent consists of a coplanar ascent from the lunar surface to the 100 km circular phasing
orbit at a AV cost of 1834 m/s. This is followed by an apoapse raise maneuver and circulariza-
tion at 3000 km altitude accompanied by a 90° plane change at a AV cost of 1629 m/s for a total
ascent AV cost of 3463 m/s.

The return phase targets a direct Earth entry to an EVP of 38 km. The geocentric ME transfer
plane of 40° and 36.2° ME transfer orbit inclination with respect to the EM plane match that of
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missions 1-7. The 3.5-day Earth return flight time results in a LOD V., of 952 m/s. For depar-
ture from a 0° lunar parking orbit inclination, this V., when combined with a worst-case relative
departure declination of 19° produces a 864 m/s LOD AV cost.

@;} Lauch
Mission 9. This architecture represents 100 ki Phasing Orbit
the TRM which employs a LPR. The
CEV performs all maneuvers from
LEO through LPA and rendezvous L— ¥ ‘ D P
with a previously placed Lander at L1. Lander Lp AiSsION® LPA
This is followed by subsequent LPD “ 1287 LEO Orbit
back to a direct entry to the Earth’s sur- :gL%a:cleLg?:;r;gzch:;:
face. The pre-emplaced Lander (at L1) LEO— L — 407 kmFixen kg oo
performs all maneuvers from LPD to a EOD \\ //
powered descent to the lunar surface o Dim; By
and subsequent powered ascent back to
LPAatLl. Figure 8.2.11-4 Mission 9

In this scenario, the crewed CEV departs a 407 km circular altitude, 28.7° ERO and takes a 3.5-
day flight to the Earth-Moon libration point, L1, where it performs a rendezvous with a pre-
emplaced Lander. A 3057 m/s EOD maneuver places the CEV on an Earth-L1 (EL) transfer
with a 57.3° inclination to the EM plane. The CEV arrives at the Moon with the Moon coinci-
dentally at nodal crossing and perigee. At L1 arrival, the CEV performs a 57.3° plane change for
a total libration point arrival (LPA) AV cost of 889 m/s.

After transfer to the Lander from the CEV and subsequent vehicle checkout, the Lander performs
a 244 m/s libration point departure (LPD) maneuver placing it on a 2.3-day journey to the Moon.
They depart L1, in the Lander, and take a 2.3-day flight to the lunar surface via a 100 km circular
altitude phasing orbit. This scenario employs a 631 m/s LOA maneuver to a selectable LPO in-
clination. In this case the LPD and LOA AV cost accommodate landing at a worst case polar
surface site. The selectable inclination allows for a coplanar powered descent with a AV of 1881
m/s and, following a surface stay, a coplanar 1834 m/s powered ascent back to a 100 km circular
altitude phasing orbit. From this phasing orbit, the ascent stage of the Lander performs a 631
m/s AV LOD to a 2.3-day transfer back to L1 where it then performs a 241 m/s LOA. After ren-
dezvous with the CEV and crew transfer, the CEV performs a 3.5-day, 800 m/s minimum AV
transfer (in the EM plane) to an EVP target of 38 km. As with the other missions, a 40° L1-
Earth (LE) transfer orbit inclination (w.r.t. the Earth equator) and associated 36.2° LE transfer
orbit (w.r.t. the EM plane) ensure that the returning CEV lands in the +40° latitude band back at
Earth.

Mission 10. This LSR architecture uses a CEV/Lander combination to take the crew from LEO
all the way to the lunar surface, landing near a previously emplaced surface habitat. The CEV
performs all maneuvers from EOD through powered lunar descent to the lunar surface and the
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ascent stage portion of the CEV per- | @ : Londing/Rendezvous

forms lunar ascent through LOD to a gzo ::’fm pebrer— I tendy, oescent L)

direct entry to the Earth’s surface. Phasing Orbit

All post-EOD rendezvous sequences

are removed from this approach.

The mission begins after a ground ey gy | MISSIONT0

launch to a 90° azimuth that delivers e e S\ Lander

the CEV to a 28.5°, 200 km Earth - Global Landing Access

phasing orbit. A 3125 m/s EOD LEO —

places the CEV on a 4-day flight to \ oy 200 kn Prasing Orbi \\ //

the Moon with a 22° EM transfer LT m—
T ry

orbit inclination (w.r.t. the Earth

equator). This ground launch ap-
proach is based on the selection of
the better of 2 launch opportunities per day. These opportunities are assessed for the worst case
condition of arrival when the Moon is at its minimum inclination (w.r.t. the Earth equator) over
its 18.6 year cycle (i.e., 18.3°) and when the Moon is at its apex (maximum latitude). For this
case, a selectable phasing orbit inclination, tailored to the landing site latitude, allow for a mini-
mum lunar arrival V., vector magnitude of 893 m/s with a 0° arrival relative declination. With
an LOA arrival AV of 843 m/s, the CEV temporarily inserts into a 100 km altitude circular arri-
val phasing orbit followed by an 1881 m/s coplanar powered descent to the lunar surface. Fol-
lowing a selectable long duration surface stay time, unlimited by trajectory constraints, the CEV
performs a 1834 m/s coplanar ascent back to a temporary 100 km circular phasing orbit with a
selectable inclination and longitude of the ascending node designed to provide an EOD with a
minimum AV of 865 m/s. The EOD maneuver places the CEV on a 3.5-day Earth return with a
direct entry to the lunar surface.

Figure 8.2.11-5 Mission 10
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Mission 1 2 3 4 5 6 7 8 9 10
EPO Altitude 200 km 407 km 407 km 407 km 407 km 200 km
EM (EL) Transfer Orbit|___%2:5% 87 | 287 | 287 87 | 287 | 287 28.7 28.7 28.5
Inclination w.r.t. Earth 72° Launch . . Optimum ERO 72° Launch
Equator ‘Azimuth Optimum ERO Rendezvous Optimum ERO Rendezvous Rendezvous ‘Azimuth
. 27.40° 57.28° 57.28° 57.28° 57.3° 22°
E|M (EL)t'_I'ransfe: OE’;" Moon @ Orbit Moon @ Orbit
nclination w.r.t. Apex With . . . - Apex With
Plane Minimum Moon @ Orbit Node with Maximum Inclination Minimum
Inclination Inclination
EOD AV 3125 m/s 3074 m/s 3074 m/s 3074 m/s 3057 m/s 3125 m/s
OLPA AV - - P 889 /s ™
OLPD AV - - P 244 mls ™
903 m/s 986 m/s 986 m/s 986 m/s e 893 m/s
Lunar Orbit Arrival | 4 o pay Xfer 4.0 Day Xfer ;bsoD(anyfezr_s 4.0 Day Xfer
(LOA) Vi, Time, Moon @ 4.0 Day Xfer Time, Moon @ Perigee 4.0 Day Xfer Time, Moon @ Perigee  [Time, Moon @~ OXfe; “|Time, Moon @
Perigee Perigee 1 )tlo LPO Perigee
LPO Altitude 100 km 100 km 100 km 3000 km 100 km 100 km
149.0° 90°-180° 90°-180° 0° Select Select
Optimium For 3 Designed to Selectable Tailored to
LPO Inclination Dp "g'”r'f" OrSt- Depending On Lunar Landing Site Depending On Lunar Landing Site Minimize LOI | LPO Incl. for | Latitude of
@agoo“l_aafe ay Latitude Latitude and LOD AV | Min. LOl'and | Lunar Landing
) Costs LOD AV Site
50° 19° 90° 19° e 0°
Relative Delcination of 50° = 19° + 31° Anytime Arrival to Selected Selenographic|
Arrival Vi 31° :_1 80° - 149° Inclination With Loiter For Desired Worst Case Arrival Plane Change Worst Case *xx

Longitude of the Ascending Node

LOA AV 1143 m/s 978 m/s 1416 m/s 879 m/s 631 mis 843 m/s
(# Impulses) (3-impulse) (3-impulse) (3-Impulse) (1-impulse) (1-lmpulse)
0° 0° 0° 90° 0° 0°
Descent Plane Change Descent to 100|Descent to 100 Xfe1r0[c))ir:;t to
. ok o km Phasing km Phasing . .
1881 m/s (Coplanar) Orbit wi 90° Orbit wi 0° Pv’:;its)tng\gr:zn
Plane Change | Plane Change Change
1° 1.2° 6.7° 17.9° 1.2° 6.7° 17.9° 90° 0° 0°

Ascent Plane Change Plane Ch AV Plane Change | Plane Change | Plane Change | Plane Change | Plane Change | Plane Change | Plane Change Plane Change | Plane Change
1834 m/s (Coplanar) a”i 29:29 AV=34m/s | AV=191mis | AV=510m/s | AV=34m/s [ AV=191m/s | AV =510 m/s [AV = 1620 m/s| "~ /" 0 m/g AV=0 mlg
(Worst Case) | (Worst Case) | (Worst Case) | (Worst Case) | (Worst Case) | (Worst Case) | (Worst Case)

EVP Altitude | 38 km (Apollo 17)
ME (LE) Transfer Orbit
Inclination w.r.t. Earth 40° - For Favorable Landing Latitude
Equator
ME Transfer Orbit
Inclination w.r.t. EM 36.22° - Moon @ Orbit Apex w/ Minimum Inclination In Lunar Cycle (18.6 years)
Plane
952 m/s 952 m/s 952 m/s 952 m/s e 952 m/s
Lunar Orbit Departure |3 5 pay Xfer Time ) . ) . 3.5 Day Xfer | 2.3 Day Xfer -| 3.5 Day Xfer
(LoD) V. f' E ryth Landi 3.5 Day Xfer Time for Earth Landing 3.5 Day Xfer Time for Earth Landing | Time for Earth | LOD to L1, 3.5| Time for Earth
inf or Laon C?r? ng Longitude Control Longitude Control Landing Lon. | Day Xfer - L1 | Landing Lon.
) . Ctrl. to Earth Entry Ctrl.
LOD AV e e — 531 mis —
ILPA AV e e 241 mis -
ILPD AV 300 m/s
50° 19° 90° 19° 0°
Relative Declination of Worst Case Departure Plane Change;
Departure Vi s 2 Opportunities Per Month for LPO Worst Case Departure Plane Change | Worst Case e e
Inclination > 19°
LOD AV (# 1152 m/s 966 m/s 1410 m/s 864 m/s e 865 m/s
Impulses) (3-impulse) (3-impulse) (3-impulse) (1-impulse) (1-impulse)

Comment Minimum AV with Lunar Loiter Non-Minimum AV - No Lunar Loiter Min. AV '_NO
Lunar Loiter

Table 8.2.11-2: Mission Profile Characteristics for 10 Selected Missions

Mission Performance — Original Study

The missions in this report are designed to provide the best possible performance approach (i.e.,
minimum AV) that accommodates the worst possible orbital mechanics-related performance im-
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pacts (e.g., worst case plane changes for anytime surface abort) for a given mission. As in the
Apollo program of the 1960s and 1970s, planning for aborts and off-nominal situations played a
significant role in these mission designs. Any mission design process involving a flight crew
must provide as many options for safe return as are reasonably possible. The anytime-abort re-
quirement, adopted for all mission profiles in this report, serves to enhance crew safety and sur-
vivability in the event of system failure or medical emergency. The AV cost of an “abort-
preferred” mission design can be considerably greater than that of a nominal mission design.
One approach to reducing this cost is to trade time for AV as an alternate method of addressing
off-nominal or emergency situations.

By loitering in orbit or on the lunar surface long enough for the (rotational) motion of the Moon
to produce favorable alignment of the selenocentric orbit plane (with very small rotation), the
ground-launched LOR AV performance cost can be reduced to something comparable with that
of the LSR mission. However, the required delay in getting back from an arbitrary site to the
CEV (and its backup habitat) in the rendezvous orbit plus possible additional time for alignment
of the rendezvous orbit with the LOD V., vector could take from 3-4 weeks, depending on the
length of the surface stay. While an emphasis on reliability and a reserve supply of consumables
might make delays due to some system failures possible, these safeguards would be of little help
to a crew experiencing a severe medical emergency.

The AV performance costs for all primary phases of the ten missions in this (Phase 1) report are
shown in Figure 8.2.11-5a along with the constraints for each mission and the availability of lu-
nar departure. The corresponding numerical data can be seen in the following Figure 8.2.11-5b.

The Apollo-style mission (Mission 1) carries a total mission AV of 9264 m/s. This 3-day surface
stay mission differs from all other missions in that it achieves only limited lunar landing site ac-
cess (+30°) vs. global access for the other missions. The LOA and LOD for this mission (and all
others in this set) employ a 3-impulse lunar arrival and departure maneuver sequence, respec-
tively. In all cases, the additional two days of flight time (one day for arrival and one day for
departure) are offset by desirable performance gains. For missions 5 through 7, a single impulse
lunar arrival or departure would reduce the flight time by one day for each maneuver, but at the
expense of an additional AV cost of about 1650 m/s for each maneuver. Like all missions, Mis-
sion 1 possesses the plane change capability to launch the crew from the surface at any time dur-
ing their 3-day surface stay, in the event of emergency. Once back to the LPO, this mission also
affords the crew the ability to immediately depart the LPO back to Earth. Thus the performance
cost of this mission provides anytime surface abort and immediate Earth return. The total time
spent in the lunar vicinity is about 5 days, due to the additional 2 days of lunar inbound and out-
bound flight time associated with the 3-impulse arrival and departure maneuvers, respectively.

Expanding to global access for 3, 7, and 11-day surface stays, combined with anytime surface
abort and immediate post-LOA descent and post-ascent Earth return gives missions 5, 6, and 7 a
total AV cost of 9749 m/s, 9906 m/s, and 10225 m/s, respectively. For the 3-day surface stay
missions, the cost of increasing lunar landing site availability from +30° latitude (Mission 1) to
global access (Mission 5) is about 500 m/s. For the global access case with anytime landing and
ascent to Earth return (i.e., Missions 5-7), the AV cost to increase the surface stay time from 3 to
7 and from 7 to 11 days is 157 m/s and 319 m/s, respectively. Missions 5-7 provide for immedi-
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ate descent to the surface after LOA and for immediate return to Earth after ascent to the LPO.
Every day of the continuous lunar surface launch capability also provides Earth return capability.
The number of days spent in the lunar vicinity will be 2 days greater than the total days spent on
the lunar surface due to the additional day of flight time for the lunar inbound and outbound 3-
impulse maneuver sequences.

Allowing more loiter time in lunar orbit (waiting for coplanar or near coplanar maneuver geome-
try), reduces the AV cost for 3, 7, and 11 day surface stay missions. The lunar loiter missions (2,
3, and 4) have total AV costs (8867 m/s, 9024 m/s, and 9343 m/s, respectively) about 900 m/s
lower than that of missions 5, 6, and 7 for corresponding lunar surface stay times. This AV sav-
ings comes at a cost of time spent in lunar orbit. For the 3-day surface stay, global lunar landing
site access of mission 2, all three days on the surface are available for ascent to the LPO. How-
ever, there is only one opportunity in a maximum of about 21 days for the crew to return to Earth
from the LPO. The two days of added flight time due to 3-impulse maneuver sequences brings
the total time spent in lunar orbit to a worst case 23 days. This maximum time in lunar orbit also
applies to a 7-day surface stay mission. For an 11-day surface stay mission, a single lunar depar-
ture opportunity occurs (in a worst-case situation) about every 28 days. With the two days of
time in lunar vicinity due to 3-impulse orbit transfer flight time, the total time spent in lunar orbit
is about 30 days (worst case).

For long duration surface stays of 28 days or more (mission 8), the total AV cost of 11890 m/s is
about 1670 m/s larger than that of a similar mission with a shorter 11-day surface stay (mission
7). Note that missions with surface stays greater than 28 days do not reflect any increase in total
mission AV due to the Moon’s approximately 28 day orbit cycle (27.3 days). The worst-case
mission geometry of the 28-day surface stay mission does not increase for a longer surface stay.
For this mission, the anytime surface abort capability of the 28-day stay is accompanied by an
anytime Earth return capability. The 1-impulse lunar arrival and departure maneuvers limit the
time in the lunar vicinity to be close to that of the surface time. This mission employs a zero de-
gree inclination parking orbit providing a minimum LOA and LOD plane change requirement at
the expense of a worst case (90°) LOA and LOD plane change.
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Figure 8.2.11-6a: AV cost, constraints, and availability for 10 selected round-trip lunar
mission scenarios.
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Figure 8.2.11-6b: AV cost, constraints, and availability for 10 selected round-trip lunar

mission scenarios.

The LOR mission 8, with global lunar landing site access, has a AV cost about 1500 m/s larger
than the LPR TRM for LDRM-2 (mission 9) with total AV cost of 10408 m/s). However, pre-
liminary vehicle sizing shows a total 230 t IMLEO for the TRM in mission 9 compared to about
199 t for the LOR mission 8. When additional lunar orbit loiter is added to remove or minimize
LOA and LOD plane changes, the total IMLEO for mission 8 is reduced to about 169 t (see Sec-
tion 19). The LSR approach (i.e., mission 10) provides the minimum total AV cost along with
global access, anytime surface abort and anytime Earth return. However, the staging characteris-
tics (i.e., the CEV required to perform descent, ascent, and LOD) can result in a large IMLEO for
this configuration (on the order of the TRM and possibly larger). The low AV cost and simplic-
ity of the mission 10 profile, as well as the beneficial elimination of critical lunar orbit rendez-
vous maneuvers, are countered by the large IMLEO.

8.3 Final Thoughts on LOR and LSR vs. LPR

Given the objectives and operational constraints it was designed to meet, the Apollo mission pro-
file would be hard to improve. However, major modifications are required before it can satisfy
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the objectives defined for this study. The Apollo landing sites were all situated within 30° of the
lunar equator, and the lunar surface stay times were all shorter than a week. In the case at hand,
the mission profile must provide the ability to land at any arbitrary site on the lunar surface, and
to stay there a week or perhaps much longer while preserving the Apollo capability for anytime
abort from the lunar surface (i.e., to a nearby backup habitat and thence to Earth).

Initial mass in low Earth orbit (IMLEO) is often used as a proxy for the monetary expense of a
space mission in preliminary studies such as this one. IMLEO minimization usually is achieved
by separating, sometime before final descent to the lunar surface, the assets needed by the flight
crew while on the surface from those needed to transport them between Earth and the lunar vi-
cinity. Before the mission can be accomplished and the flight crew returned to Earth, there must
be a rendezvous — in a chosen locale near the Moon — between the separated assets. The rendez-
vous locales considered in this study are the cislunar libration point (LPR), selenocentric orbit
(LOR), and the lunar surface itself (LSR).

No matter what locale is chosen for rendezvous, a selenocentric phasing orbit is required for
economical access to an arbitrary landing site. The reason is essentially the same as that which
applies to the launch of a lunar or interplanetary spacecraft from a site on the Earth surface: Al-
though on-orbit plane-change penalties can be eliminated easily for such a launch (by choosing a
launch azimuth and time of day such that the plane of the predeparture orbit will contain the re-
quired departure velocity vector), in the general case a coasting arc in a phasing orbit is required
to avoid the penalty associated with non-optimal flight path angles during injection into the de-
parture trajectory. Absent AV penalties associated with orbit plane or flight path angle, the total
propulsive velocity increment is minimized by setting the altitude of the phasing orbit as low as
possible — consistent with atmospheric drag effects in the case of the Earth, and terrain clearance
in the case of the Moon. Because it is sometimes advantageous to let the phasing orbit serve also
as the rendezvous orbit, estimation of terrain clearance must account for the long-term effect of
large perturbations arising at low altitude from scattered concentrations of lunar mass.

For this study, the altitude of the selenocentric phasing orbit was chosen to be 100 km. The pro-
pulsive AV required for an in-plane round trip from that altitude to the lunar surface is a little
more than 3700 m/s, which is greater than the EOD velocity increment by about 20%. Conse-
quently, the IMLEO required for a lunar round trip can sometimes be reduced by leaving all as-
sets not needed on the lunar surface — before descending to it — at the rendezvous locale, where
they can be retrieved/reoccupied by the landing crew after ascending from the surface. The LOR
and LPR trajectory profiles are designed to utilize such a scheme.

8.3.1 Lunar Orbit Rendezvous
8.3.1.1 Descent/Ascent Plane Changes Associated with LOR

For stays shorter than about 11 days, the sum of descent/ascent plane-change angles — required
for descent to the chosen landing time and for ascent at the most inopportune time(s) during the
nominal surface stay period — can be minimized by orienting the rendezvous orbit so that its
plane contains the landing site at landing time, and its apex (maximum latitude) in the landing-
site hemisphere is a few degrees closer to the nearest pole than the landing site itself.
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For longer stays, the minimum sum of plane-change angles is realized by choosing either an
equatorial or a polar plane for the rendezvous orbit, depending on whether the landing site lies
closer to the equator or to one of the poles. For either choice, landing exactly at latitude
45°(north or south) requires a plane change of 45° during transfers in both directions between
rendezvous orbit and landing site.

Descent/ascent plane changes of this magnitude benefit from establishment of two separate phas-
ing orbits (one for descent and the other for ascent), each having an altitude of 100 km and ori-
ented independently so as to contain the lunar site at landing and at liftoff time, respectively.
The rendezvous orbit (equatorial or polar) is established at a considerably higher altitude so that
the major part of the plane change can be made where the orbital speed is lower. This allows any
given plane change angle to be achieved with a smaller velocity increment, and facilitates further
economy by allowing a change of orbital energy and of orbital plane to be accomplished simul-
taneously with a single impulse. The down side of this stratagem is that it adds 4 major maneu-
vers to the round-trip profile, together with a moderate increase in the time required for the
Earth-Moon-Earth round trip.

The altitude chosen for the elevated rendezvous orbit is 3000 km, where the circular orbit period
is approximately 8 hours. A higher altitude would provide a further reduction in the required
descent/ascent propulsive velocity increments, but would increase the associated flight times,
decrease the frequency of opportunities for transfers to and from the surface, and increase the
susceptibility of the rendezvous orbit to earth and solar perturbations.

8.3.1.2 LOD Plane Changes Associated with LOR

The plane of a selenocentric orbit is stationary with respect to inertial space if it is polar, and is
nearly stationary for any other orientation. Since the inertial rotation rate of the moon itself is
about 13° per day, the plane of the LRO regresses at that rate in the selenographic frame, which
is fixed with respect to surface features rather than inertial space.

Conservation of geocentric angular momentum in the Moon-Earth transfer orbit dictates that the
selenographic declination of the departure V., vector for any return-to-earth trajectory lies within
the range of £19°, after taking lunar libration into account. For reasonable flight times (on the
order of 2.5 to 5.0 days) — no matter when lunar departure occurs — the selenographic longitude
of such a vector lies within the approximate range of 30°-95°.

Said another way, the gist of the two preceding paragraphs is this: At LOD time the V., vector to
be achieved will always be confined within a quasi-rectangle that is bounded by the 19th paral-
lels of north and south latitude and by the 30th and 95th meridians of longitude on the surface of
the selenographic reference sphere. The LOD plane-change penalty will be moderate if the track
of the LRO at that time passes through aforesaid rectangle. Otherwise it will be more severe,
depending on the minimum angular distance between the orbit track and the perimeter of the rec-
tangle.

If the rendezvous orbit plane coincides with the equator, its track will always pass through the
center of the rectangle, the relative declination of the LOD V,, vector (i.e., the angle it makes
with the orbit plane) will never exceed 19°, and the LOD plane-change penalty will be minimal.
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Otherwise, the relative declination of the LOD V., vector at the most inopportune departure time
(during a nominal surface stay longer than about 14 days) will be either 90° or the sum of 19°
and the selenographic inclination of the rendezvous orbit (or the supplement of the inclination if
the orbit is retrograde), whichever is smaller. (A retrograde rendezvous orbit is usually preferred
when a choice is available, because it yields a smaller abort velocity increment for a nonstop re-
turn to Earth if, for some reason, the LOA maneuver cannot be executed at the planned time).

If the landing site lies more than 71° from the lunar equator, the relative declination of the LOD
Voo vector that must be achieved for immediate departure will be equal to or very near 90° at one
or more times during the longer stays required in this study. The attendant AV penalty is severe
(with a 3-impulse maneuver sequence, on the order of 350 m/s for departure from a 3000 km
rendezvous orbit, or 450 m/s for departure from a 100 km orbit), and appears to be unavoidable
if LOR is used to satisfy the operational requirements previously described.

8.3.1.3 LOA Plane Changes Associated with LOR

In contrast to lunar orbit departure, the lunar orbit insertion plane-change penalty associated with
the lunar orbit rendezvous trajectory profile is minimal if the rendezvous orbit plane is equato-
rial, or nil if it is polar.

The AV requirements determined in this study for transferring between landing sites and a polar
rendezvous orbit are based on the assumption, in each case, that the ascending node of the ren-
dezvous orbit on the lunar equator lies at the worst possible location it could have for landing at
or launching from the site under consideration. This means the node location can always be cho-
sen so that the V,, vector, at LOA time, will lie in the rendezvous orbit plane and therefore there
will be no plane-change penalty at all associated with LOL.

No comparable node can be defined for an equatorial orbit, but (as pointed out earlier in the dis-
cussion of the LOD maneuver) the declination of the LOA V,, vector relative to an equatorial
orbit can never exceed 19°. The associated AV penalty is typically on the order of 350 m/s for a
I-impulse LOA maneuver if the rendezvous orbit altitude is 100 km, but only about 150 m/s if
the orbit altitude is 3000 km, or 100 m/s if a 3-impulse maneuver sequence with an intermediate
24-hour ellipse is used for insertion into the 100 km orbit.

8.3.2 Libration Point Rendezvous

As a rendezvous locale for round trips to the surface of the Moon, the primary advantages of the
cislunar libration point are (1) it has a continuously unobstructed line of sight to Earth, (2) it is a
point on the line connecting Earth and Moon, rather than an orbit about the Moon thus eliminat-
ing requirement for large descent or ascent plane change, and (3) its position is nearly fixed in
the selenographic frame of reference thus providing a consistent mission profile to any lunar
landing site. With regard to the latter, selenocentric distance variations amount to about +6% of
the mean value due to eccentricity of the lunar orbit, and selenographic latitude and longitude
variations (which result from lunar librations) amount to approximately +7° apiece.
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Items (2) and (3) in the preceding paragraph make LPR spacecraft performance requirements
less dependent on the location of the lunar landing site — and the time spent there — than is the
case for their LOR counterparts. They also make it possible to eliminate plane-change penalties
for all maneuvers except those executed during libration-point arrivals and departures. The ve-
locity magnitudes and the plane changes associated with those events are such as to produce only
moderate AV penalties, as compared to those which characterize the LOR profile when it is re-
quired to stay a long time at an inconvenient site. Nevertheless, the sum of LOR propulsive ve-
locity increments required for a short stay at an easily-accessible site is significantly smaller than
the LPR requirement, and the two sums are comparable when global access and long stays are
required.

The main disadvantages of LPR are (1) the longer time required — 2-4 days as opposed to a few
hours with LOR — to reach the Earth return vehicle from the lunar surface, (2) a moderate in-
crease in the total transfer time between Earth and Moon, and (3) the addition of 4 major maneu-
vers to the number required for a simple LOR profile such as that used in the Apollo missions.
With regard to the maneuver count, however, it is worthy of note that the LOR profiles discussed
in the previous subsection of this report require, for the more difficult sites, as many or even
more major maneuvers than the LPR profile.

8.3.3 Lunar Surface Rendezvous

The distinguishing features of the LSR profile, as defined for this study, are (1) predeployment
and remote checkout of the surface habitat at the lunar landing site, along with all necessary
equipment and expendables, before the flight crew departs Earth, and (2) subsequent landing of
the flight crew, along with all assets needed for their return to Earth, within easy walking dis-
tance of the predeployed habitat. Carrying all of the Earth-return assets to the lunar surface
eliminates the need for lunar orbit rendezvous, and allows the establishment of separate phasing
orbits for arrival and departure. Each of these orbits can have an orbit plane that contains the
lunar site at landing/liftoff time and the appropriate V., vector at LOI/LOD time, thus eliminating
all selenocentric plane-change penalties everywhere in the whole trajectory profile.

As discussed previously, transporting all return-to-Earth assets through a round trip between lu-
nar orbit and lunar surface imposes a significant IMLEO penalty in itself. However, this is coun-
terbalanced by the complete elimination of selenocentric plane-change penalties, which yields an
equally significant reduction of the required propulsive velocity increments (and therefore IM-
LEO). Preliminary mass buildup calculations, which have yet to be verified, indicate that the
IMLEO required for LSR is comparable to that required for LPR.

In terms of propulsive velocity requirements, LSR is completely insensitive to landing site loca-
tion and the time spent there. LPR is also completely insensitive to duration of the surface stay,
but its sensitivity to site location (although less severe than that of LOR) is significant.

LSR provides the following major advantages of over LOR and LPR:

(1) The time required to reach the Earth return vehicle from the lunar surface is measured
in minutes, as compared to hours in the case of LOR and days in the case of LPR.
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(2) Operationally, the mission profile is simplified considerably by reducing the number

3)

of propulsive maneuvers to the absolute minimum, and by eliminating the need for
any docking operation after Earth orbit departure (EOD).

Separate deployment of the lunar habitat, along with equipment and expendables
needed on the lunar surface, decouples the CEV design from variations in surface stay
time and specific mission objectives.

More study is needed to validate the preliminary IMLEO calculations for LSR, to fully assess the
operational and spacecraft design implications of CEV egress and ingress on the lunar surface,
and to establish the feasibility of automated landing with video monitoring by the flight crew —
which probably would be necessary because of restricted direct visibility from within the CM.
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9.0 Element Overview

Four major elements have been identified for the proposed LDRM-2 lunar missions. They were
selected to provide an initial point of departure for the trade reference mission, and consist of a
Crew Exploration Vehicle (CEV), a Lunar Lander, an Earth Departure Stage (EDS), and a pro-
pulsive Kick Stage.

9.1 Crew Exploration Vehicle

As dictated in the LDRM-2 task request statement, the mission of the CEV is to transport the
crew from the Earth’s surface to lunar vicinity and back and to loiter unoccupied during the lunar
landing portion of the mission. The CEV is injected towards the moon using a separate propul-
sive stage, an EDS. A baseline CEV was sized for the LDRM-2 Trade Reference Mission A2
(see Section 10.0) and was then modified for several variant mission architectures (Sections 11.0
through 17.0).

Analogous to the Apollo Command and Service Module, the CEV consists of a Crew Module
(CM) and a Service Module (SM). The CM is envisioned as the crew transportation during
launch, transfer to and from the moon’s vicinity, and re-entry back at Earth. The SM provides
resources to the CM during all of its mission phases except Earth re-entry.

The CEV design includes the following systems: vehicle command and control, main and reac-
tion control propulsion, communications, life support, thermal control, power, crew accommoda-
tions, radiation protection, landing and recovery, thermal protection, structures, and mechanisms.
These systems and the vehicle size and shape are sized for a specific mission scenario and can be
scaled for alternative missions (including delta-V, crew size, duration, power levels, life support
consumables, etc.).

9.2 Lunar Lander

The Lunar Lander functions as the crew transport vehicle from various staging points (dependent
on mission architecture) to the lunar surface and back. On the lunar surface, the Lander serves as
the crew living space and departure point for surface EVAs. An EDS transports the Lander to
the staging point. A baseline Lander was sized for the LDRM-2 Trade Reference Mission A2
(see section 10.0) and was then modified for several variant mission architectures (see sections
11.0 through 17.0). The Lander is envisioned as a one-and-a-half-stage vehicle with the struc-
tural landing systems left on the surface of the moon when the ascent stage departs, but reusing
the same descent engines for lunar ascent.

The Lunar Lander design includes the following systems: airlock, vehicle command and control,
communications, life support, thermal control, power, crew accommodations, radiation protec-
tion, structures, and mechanisms.
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9.3 Earth Departure Stage

The EDS’s are propulsive elements used to inject the CEV and Lunar Lander towards the lunar
vicinity. Depending on the architecture, there are two stage sizes required. The EDS’s were not
designed to a detailed level, but were sized to include the following systems: propulsion, power,
command and control, limited guidance, structures, and mechanisms.

9.4 Kick Stage

The Kick Stage is a propulsive element designed to perform certain burns in each of the architec-
ture variations. It was conceived to help reduce the differences in size of the two EDS’s due to
their payload inequalities without having to penalize the Lander design when performing those

burns.
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10.0 Trade Reference Mission

The LDRM-2 requirements formulation task called for the establishment of a trade reference
mission (TRM) against which architecture trades could then be performed and evaluated. These
trades were used to determine the relative impact of a particular architecture decision in the areas
of safety & reliability, effectiveness & evolvability, schedule, and affordability. This section de-
scribes the trade reference mission, outlining the key assumptions made in the formulation of the
TRM, and architecture trades performed to select a specific reference architecture and mission
timeline including considerations of various allocations of major maneuvers among elements and
different propulsion system types. Critical events for the TRM are outlined in this section and
ranked by criticality, mission abort options are identified, and vehicle subsystem technology as-
sumptions and mass properties are also described. Following sections of this report will describe
the specific trades requested in the LDRM-2 study task using this TRM as a point of departure,
such as changing mission rendezvous location(s), crew size, number of launches per mission, and
several other key architecture parameters.

10.1 Major Assumptions/Clarifications

This section outlines the major architecture assumptions made in formulation of the LDRM-2
trade reference mission along with their supporting rationale. These assumptions, listed in the
Requirements Formulation Task RFT 0001.04, were levied by the study’s NASA HQ customer
on the LDRM-2 study team to be used as an initial point of reference.

One human lunar mission per year: This is a programmatic assumption dictated in the LDRM-2
task statement. Flight rate has no impact on the analyses performed in this study.

Return mass from the moon is 100 kg: In the present absence of a clearly defined science strat-
egy for the Vision for Space Exploration, the LDRM-2 trade reference mission will assume that a
combination of 100 kg of payload and lunar surface material will be returned to Earth with the
crew at the end of each mission. This assumed mass is comparable to the Apollo 17 “J-Type”
mission, which returned 112 kg of lunar sample. Thirty-five years of advancement in instrumen-
tation and measurement techniques have reduced required sample masses for analysis several
orders of magnitude, from the kilogram-scale to gram-scale or less, thus a returned sample mass
comparable to the Apollo program is thought to be entirely adequate. Other return mass needs
such as returning system hardware from lunar surface assets may eventually drive this require-
ment to be greater than 100 kg. In addition, return samples may require conditioning during
transit to Earth to preserve their scientific content (samples such as biological and planetary ma-
terials). A sensitivity study for a range of return payload masses has been performed and is de-
scribed in Section 19.3.

Payload to lunar surface is 500kg: Lacking a surface exploration plan, the LDRM-2 Lunar Lan-
der payload delivery capabilities to the lunar surface are assumed to be similar in mass, volume,
and payload complement to the Apollo Lunar Module descent stage. The Apollo 17 “J-Type”
mission delivered 558 kg of payload to the surface, which included an unpressurized lunar rov-
ing vehicle, a lunar surface experiment package, and various geology tools and equipment. Sur-
face EVA equipment and sample return containers are not to be counted in this allocation. Lo-
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gistics resupply requirements for lunar surface assets may eventually drive this requirement
higher than 500 kg, however such considerations were outside the scope of this effort. A sensi-
tivity study for a range of landed payload masses has been performed and is described in Section
19.4.

All mission elements placed in LEO (28.5° 407 km circular): Due to launch vehicle constraints,
lunar missions will require the mating of elements in Earth orbit prior to departure for the Moon.
Launches into 28.5° inclination orbits allow the maximum payload to orbit from the Eastern Test
Range. Additionally, this inclination affords large planar launch windows required for rendez-
vous. The assembly altitude of 407 km is specified to minimize the effects of atmospheric drag
on orbital lifetime while minimizing payload deployment altitude required on the launch vehicle
upper stage. Future trades between the launch vehicle and orbital elements will be required to
determine the optimum staging altitude.

4-launch solution: Without a clear understanding of potential launch vehicle cargo capabilities,
an architecture that requires four launches per mission is considered to be a good initial balance
between the desire to minimize launch vehicle size while minimizing number of launches and
number of unique elements / element interfaces. A sensitivity study has been performed on the
TRM examining 2-launch, 3-launch, and 25 t per launch architectures (see Sections 11.0-13.0 for
additional information).

Consider the lunar mission elements to be “cargo” in terms of delivery to the LEO parking orbit:
The launch vehicle will be responsible for delivering architecture elements to a 28.5° 407 km cir-
cular orbit. This assumption puts the entire burden of cargo delivery on the launch vehicle,
which helps to determine maximum launch vehicle capabilities. For this study, the propulsive
capabilities of the lunar mission elements will not be employed for orbit insertion, but will likely
be required for orbit maintenance. Future trades can be performed to optimize the allocation of
the orbit insertion function between the launch vehicle and orbital elements.

Automated rendezvous and docking shall be used to assemble the elements: Several lunar mis-
sion elements (e.g. Earth Departure Stages, Lander) for the four-launch baseline architecture will
be launched without crew onboard, therefore automated rendezvous and docking of these ele-
ments can reduce crew time in space by assembling, integrating, and testing the combined crew
transportation system before the crew launches from Earth.

Assume 2 weeks between launches: This assumption is a balance between a desire to minimize
total mission duration and vehicle lifetime while not severely impacting launch vehicle produc-
tion, processing, and launch facilities for a four launch per mission baseline. A launch vehicle
processing trade study will be required to determine the feasibility of meeting this assumption.

Crew must be launched on a human-rated launch system: This is dictated by the NASA human
rating requirements document NPR 8705.2.

A dedicated lunar lander element with a separate crew module will be used to transfer the crew
from the lunar vicinity to the lunar surface and back to lunar vicinity: The cost of landing the
entire CEV (including parachutes, TPS, outer skin structure, Earth landing systems, etc.) on the
lunar surface and operating out of that vehicle for the duration of the surface mission is deemed
to be too severe for a L1 rendezvous architecture. As the mass of a lander ascent stage has the
biggest leverage on total architecture mass, a separate, highly optimized lunar lander element
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like the Apollo Lunar Module will be used for the trade reference mission and the CEV will be
used to deliver the crew to lunar vicinity.

Lunar surface stay time of 7 days: A surface stay time of seven days should provide crews with
enough time to explore selected sites of scientific interest on the Moon while avoiding some of
the thermal, lighting, and power generation challenges of the Moon’s 27-day rotation period. A
sensitivity study for a range of lunar surface stay times has been performed and is described in
Sections 19.9 and 19.10.

Four crew with all crew going to the lunar surface: An architecture that allows all crew members
to land on the Moon represents the highest overall architecture mass for that particular crew size
and puts the highest burden on CEV autonomous/automatic operational requirements. Leaving
crewmember(s) in orbit during the surface mission will enable future mass and cost savings if
required by budgetary constraints. A parametric variation where three crewmembers land on the
Moon and one crewmember remains in orbit is described in Section 19.5.

Daily EVAs will be conducted on the surface of the Moon from the Lunar Lander: Providing for
a daily EVA capability while on the lunar surface will enable the greatest science return from a
mission.

The CEV and Lunar Lander are not required to be reusable and will not be explicitly designed
for reusability: Previous spaceflight experience has taught that reusability should not be dictated
a priori, rather the decision to reuse vs. build new should be made based on cost and schedule
trades for a given flight rate and total program duration. Future design efforts should examine
vehicle reusability options.

The Lunar Lander will not be designed to provide functionality beyond that required for the
planned lunar surface stay time: As the Lander has the greatest leverage on the total mass of the
architecture, it is critical that in order to minimize mass it be designed to provide only the mini-
mum amount of functionality required to safely meet the mission objectives.

The reference lunar surface environment for landing operations and the surface stay is a rela-
tively benign, Apollo-type thermal and lighting condition: The capability to handle the entire
span of lunar thermal and lighting extremes as required for anytime, anywhere landing and sur-
face operation may have a severely negative impact on a lander design. Therefore, the study will
assume a low sun angle of 7-20 degrees to aid crew visibility during descent and thermal condi-
tions commensurate with lunar “daytime” operation. A detailed lander design study should be
conducted to determine the cost of providing unrestricted lunar surface access.

After some consideration, it became clear that the “benign” lunar surface thermal environment
described in the TRM assumptions does not truly exist for a seven-day period. A seven-day lu-
nar surface stay represents approximately one-quarter of the lunar day/night cycle. Therefore,
any mission restricted to daylight hours would necessarily include lunar noon. In addition, the
lack of atmosphere and the composition of the lunar soil result in a fairly rapid day/night thermal
transition from extremes heat to extreme cold. Each thermal environment has its own benefits
and challenges in terms of lander subsystem design. The availability of sunlight enables the use
of solar power, but also results in a hot surface environment that impacts EVA operations, active
thermal control and propellant conditioning. The extreme cold of lunar night puts a premium on
insulation and heaters and eliminates the option of using solar power. The availability of Earth-
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shine, which has been likened to a dusk condition on Earth, may be sufficient to perform many
surface operations.

The CEV will provide the crew habitation function from Earth’s surface to lunar vicinity and
back to Earth’s surface: The cost of landing the entire CEV (including parachutes, TPS, outer
skin, Earth landing systems, etc.) on the lunar surface and operating out of that vehicle for the
duration of the surface mission is deemed to be too severe for a L1 rendezvous architecture. As
the mass of a lander ascent stage has the biggest leverage on total architecture mass, a separate,
highly optimized lunar lander element like the Apollo Lunar Module will be used for lunar ex-
ploration and the CEV will be used to deliver the crew to lunar vicinity.

The nominal Earth return for the CEV is a direct entry with a water landing: Crew safety re-
quirements for aborted missions will require a direct entry capability, and with orbital mechanics
restraints dictated with returns from the vicinity of the Moon, it may not be possible to guarantee
a land landing in a favorable location every mission. Additionally, some aborts during ascent
from Earth may result in water landings. A water landing and recovery will therefore be a capa-
bility required by the vehicle. Providing a capability to nominally perform both water and land
landings will increase CEV and architecture mass, and CEV complexity (deployment of airbags,
firing of retrorockets, etc.). To minimize impact to the CEV, the LDRM-2 study will assume
that direct entry followed by water landing is the nominal mission mode, and an architecture
trade will be performed in this study where a targeted land landing capability is assumed.

The CEV design will incorporate functionality for land landing as a contingency for an ascent
abort: Some ascent aborts may result in the CEV landing on land. The ability to meet this re-
quirement will be for crew survival only — i.e. the vehicle may be damaged beyond repair/reuse
as long as the crew survives.

CEV shall include the capability for contingency EVAs: If the Lander Ascent Stage is unable to
dock with the CEV upon return from the Moon, the CEV should be capable of supporting a con-
tingency EVA transfer of the crew from that vehicle to the CEV. CEV EVA considerations are
outlined in Section 19.11

Radiation shielding shall be incorporated into the design of the CEV and Lunar Lander crew
modules to provide a core level of biological protection for the crew during transit and on the
lunar surface: Radiation shielding is required to meet crew safety requirements during solar par-
ticle events (SPEs). Short-term and cumulative crew dose limits for exploration missions have
not yet been defined.

Libration point L1 is used as the lunar vicinity rendezvous point to enable global lunar surface
access: Due to the fixed geometry of the Earth-Moon-L1 system, using the Earth-Moon L1 point
as a rendezvous location enables anytime lunar surface access with anytime ascent and return for
the same total architecture cost. An architecture trade will be performed to determine the cost of
the same capability using lunar orbit rendezvous.

Communications and tracking systems will be emplaced to support global human and robotic
surface operations: The architecture will not be restricted to landing sites that have direct line of
sight to Earth.
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The Lunar Lander will be pre-deployed to lunar vicinity prior to initiation of the CEV mission:
Deployment of the Lunar Lander prior to the crew launching in the CEV will simplify element
interfaces and assembly requirements. An architecture trade will be performed where all ele-
ments are assembled as a single combined stack in low Earth orbit prior to departing for the
Moon.

10.2 Architecture Description

As dictated by architecture assumptions laid out in the LDRM-2 task statement, assumptions that
were made to provide an initial point of reference for architecture trade studies, the L1 trade ref-
erence mission is largely framed by the following eight key parameters:

— Four launches per mission

— Separate in-space transportation (CEV) and landing (Lunar Lander) vehicles
— Seven days on the lunar surface

— Four crew with all crew going to the surface

— Global lunar surface landing access (time-restricted)

— Anytime Earth return from the lunar surface

— Initial CEV/Lunar Lander rendezvous at Lunar L1

— Lunar Lander pre-deployed to Lunar L1

In addition to requiring a separate CEV and Lunar Lander, an Earth Departure Stage element will
be used in the architecture to execute the necessary Earth orbit departure maneuvers. Several
alternate architecture options functioning within these guidelines were initially constructed for
selection of the LDRM-2 trade reference mission. These options focused on different propellant
combinations and delta-V allocations for the Earth Departure Stages and Lander Descent Stage.
In some options, a Kick Stage was added to the architecture to perform the libration point arrival,
libration point departure, and lunar orbit insertion maneuvers, thereby off-loading the delta-V
burden of the Lander Descent Stage. Seven independent architecture options were analyzed, and
these seven were grouped into four categories according to the commonality of their features.
They are as follows:

Group A:

1. This first option utilizes a single pump-fed oxygen (O;) / hydrogen (H;) Earth Departure
Stage to perform Earth orbit departure and a pressure-fed O, / methane (CH4) Kick Stage
to perform libration point arrival. At L1, the crew transfers from the CEV to the Lander
and undocks from the CEV. The Kick Stage then performs libration point departure,
coasts to the Moon, and inserts the Lander into a 100 km circular lunar parking orbit.
The pressure-fed O,/CH4 Descent Stage performs an in-plane descent to the nominal
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landing site. After the seven-day mission on the lunar surface, a single-stage pressure-fed
0,/CH4 Ascent Stage returns the crew to Lunar L1, where they re-dock with the loitering
CEV. The crew transfers back to the CEV, undocks from the Ascent Stage, and returns
to Earth via nominal direct entry. (Option A1)

2. This option differs from Al in that a pump-fed O,/H, Kick Stage is used instead of
0,/CHa. (Option A2)
3. This option differs from Al in that pump-fed O,/H, systems are used in both the Kick
Stage and Lander Descent Stage. (Option A3)
Group B:
4. For this option, two pump-fed O,/H, Earth Departure Stages are stacked in serial to per-

form Earth orbit departure and libration point arrival for the Lunar Lander. These stages
are sized to be identical in initial mass. The first stage performs ~50% of Earth orbit de-
parture, that stage is then discarded, and the second Earth Departure Stage finishes the
maneuver and performs L1 arrival. A single-stage pressure-fed O,/CH4 Lander Descent
Stage instead of a Kick Stage is used for libration point departure, lunar orbit insertion,
and descent. The remainder of the mission is identical to option Al. (Option B)

Group C:

5.

Here, a single pump-fed O»/H, Earth Departure Stage is used to perform both Earth orbit
departure and libration point arrival. A single-stage pressure-fed O,/CH,4 Lander Descent
Stage instead of a Kick Stage is used for libration point departure, lunar orbit insertion,
and descent. The remainder of the mission is identical to option Al. (Option C1)

This option differs from C1 in that a pump-fed O,/H, Lander Descent Stage is assumed
instead of a methane-based system. (Option C2)

Group D:

7.

The final TRM option assumes a single pump-fed O,/H, Earth Departure Stage is used to
perform Earth orbit departure only. A single-stage pump-fed O,/H, Lander Descent
Stage is used for libration point arrival, libration point departure, lunar orbit insertion,
and descent. The remainder of the mission is identical to option Al. (Option D)

The seven TRM architecture options were then analyzed to determine their approximate individ-
ual vehicle masses, mass required per launch, and overall architecture mass. Vehicle masses
were estimated using the Envision parametric sizing tool. These results are summarized in Table

10.2-1.
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Option A1l was eliminated from further consideration because it required the highest total archi-
tecture mass and second-highest mass per launch for its Earth Departure Stage. Option A3 was
attractive in that it offered a low total architecture mass and Earth Departure Stage size, however
it was eliminated as a potential TRM because of suspected Lander packaging issues with large
hydrogen tanks and its lower probability of mission success for lunar descent. A pressure-fed
Descent Stage propulsion system using oxygen and hydrogen was not considered to be a reason-
able option because of mass penalties incurred with large, high-pressure hydrogen tanks and the
amount of pressurant needed for pressurizing hydrogen tanks to 250-350 psi (see Section 19.1
for additional trade details). Therefore, a pump-fed system was assumed, but because of this, the
Lander Descent Stage of option A3 was thought to have a lower probability of mission success
than other options as the pressure-fed propulsion systems of options Al and A2 are inherently
less complex and more reliable than a comparable pump-fed system. A more detailed analysis is
recommended at some future point to determine the true costs and benefits of O,/H, propulsion
systems for landers.

Option B was removed as a potential TRM because it violated the four-launch constraint outlined
in the LDRM-2 task statement, though it was noted that this option offered several positive fea-
tures for a five-launch per mission architecture. Option B had the lowest mass per launch of all
seven architectures and offered possible commonality between the CEV and Lander Earth De-
parture Stages. Next, Option C1 was discarded because it required the highest mass per launch
for its departure stage, had a high total architecture mass, and required a large single-stage Lan-
der Descent Stage to perform libration point departure through lunar descent. Positively, C1 did
not require the development of the Kick Stage element, though this was not considered enough to
offset its strongly negative features. Options C2 and D were also eliminated because of the diffi-
culties with O,/H, descent stages described above, though the benefits these two options offered
were thought to be strong enough to warrant a future trade study.

The elimination of all other options led to A2 being selected as the LDRM-2 trade reference mis-
sion. This architecture offered both a moderate mass per launch requirement for its Earth Depar-
ture Stage and moderate total architecture mass. Further, the use of the Kick Stage to deliver the
Lander to low lunar orbit allowed A2 to take advantage of high-performance O,/H, propulsion
for Lander’s in-space transit to the Moon and higher-density O,/CH4 for powered descent to re-
duce the size of its Descent Stage. Requiring a smaller descent stage thereby minimized its re-
quired launch vehicle fairing diameter and crew height above the lunar surface. The trade refer-
ence mission, illustrated in Figure 10.2-1, was then used to perform all subsequent architecture
and parametric variation trades.
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Figure 10.2-1: Trade Reference Mission Architecture Illustration

The trade reference mission begins with the launch of the Lander Earth Departure Stage. The
assumed cargo launch vehicle for the architecture delivers that element to the LEO parking orbit
previously assumed (28.5° 407 km), where it loiters for assembly. Two weeks after the first
launch, keeping with the assumed time between launches, the Lunar Lander and Kick Stage are
delivered to LEO by a second cargo launch vehicle. The Lunar Lander and Kick Stage, acting as
the chaser vehicle, perform a variable-length double coelliptic rendezvous maneuver profile to
rendezvous and dock with the Earth Departure Stage (the target vehicle) within 50 hr after
launch. A variable-length rendezvous profile enables a 360° phase window for the Lander,
which thereby affords a daily launch opportunity from the Eastern Test Range. After mating and
vehicle checkout in LEO, the Earth Departure Stage performs the Earth orbit departure maneuver
(3,104 m/s) for the Lunar Lander and Kick Stage, separates from the stack, and disposes itself.
Several disposal options for the Earth Departure Stages are available for approximately equal
delta-V costs, including Earth ocean disposal, lunar surface impact, and lunar fly-by to heliocen-
tric orbit. After separating, the Lunar Lander and Kick Stage continue on and coast for 94 hr to
the L1 libration point. Upon arrival in L1 vicinity, the Kick Stage orients the stack for the libra-
tion point arrival maneuver and performs the burn (954 m/s). The vehicles then loiter at the li-
bration point until the CEV arrives with the crew several weeks later.
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Two weeks after the Lunar Lander and Kick Stage are launched, a second Earth Departure Stage
is launched to LEO to perform CEV injection to L1. Finally, two weeks later, the crew launch in
the CEV (the 4™ launch of a four launch per mission architecture) on a separate, human-rated
launch vehicle. The CEV, as the chaser vehicle, performs a stable orbit rendezvous maneuver
profile to rendezvous and dock with the CEV Earth Departure Stage within 50 hr after orbit in-
sertion. Crew operational constraints such as required sleep periods preclude the use of a vari-
able-length rendezvous profile, though as long as the time of theoretical braking occurs within 48
hr mission elapsed time, the CEV will have a 360° phase window. As with the Lunar Lander, a
360° phase window enables a daily launch opportunity. For the TRM, a 360° phase window was
chosen based on the assumed 407 km assembly orbit altitude to provide daily launch opportuni-
ties. Certain orbit altitudes exist, though, that provide 1-day phase-repeating orbits which would
allow for flight day 1 rendezvous with the Earth Departure Stage instead of the 50-hr, flight day
3 rendezvous presently baselined. At 28.5° inclination such orbits are found at 172 km and 474
km. The operational advantages of phase-repeating orbits should be analyzed in follow-on work.

In addition to the 50-hr rendezvous time, two extra days of on-orbit time were added in mission
timeline budgeting for the trade reference mission. This time was added to the CEV’s overall
mission lifetime capabilities for weather-related launch delays prior to the opening of the Earth
orbit departure window. The weather delay estimate was based on the historical 1.3-day delay
average for the Space Shuttle program. The Space Shuttle historical average includes launch
site, return to launch site (RTLS), and trans-Atlantic landing (TAL) weather restrictions, and it
may be safe to assume that a vehicle that requires fewer abort site weather restrictions would
have a smaller average delay. So while it was recognized that the human-rated launch vehicle
developed for the CEV may be more impervious to launch delays than the Space Shuttle, given
the present lack of abort scenarios for the CEV, and the criticality of performing Earth orbit de-
parture on time, it was considered prudent to hold two days of launch delay protection at this
time. However, assuming the CEV is able to successfully launch on the first available opportu-
nity, the crew must still loiter for two additional days in LEO prior to Earth orbit departure. In-
jection opportunities to L1 arise when the Moon at the time of L1 arrival crosses the plane of the
CEV Earth Departure Stage’s orbit at the time of departure (i.e. the Moon’s declination with re-
spect to the Earth parking orbit equals zero). Regardless of how many extra days of timeline
margin are carried, an on-time launch will not move up the opening of that injection window.
The Lunar Lander and Kick Stage also carry 48 hr of weather delay protection to ensure those
vehicles depart for L1 on time.

If launch delays do not allow the CEV to launch on one of the three daily launch opportunities
bookkept in the mission timeline, and the first injection to L1 opportunity is missed, the orbital
elements shall be designed to handle an extra 10 days of on-orbit lifetime. L1 injection opportu-
nities from the reference LEO assembly orbit arise every 3-12 days (see Figure 10.2-2), with the
average time between window openings being 10 days. Assuming a reasonable chance of miss-
ing one opportunity in a four launch per mission architecture, the Lander / Kick Stage and CEV
Earth Departure Stage should each be capable of loitering for 10 additional days at Lunar L1 and
LEO, respectively.
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Figure 10.2-2: Frequency of Earth Orbit Departure Opportunities

Once the CEV mates with its Earth Departure Stage in LEO, the crew and mission control check
out the vehicles and the EDS performs the Earth orbit departure maneuver (3,104 m/s) at the
opening of the window. Once complete, the EDS separates from the CEV and disposes itself
while the CEV coasts on a 94-hr transfer to L1. A 24-hr minimum delta-V injection window has
been included in the sizing of the CEV Earth Departure Stage so flight time to L1 may vary be-
tween 94 hr for injection at the opening of the window to 70 hr for injection at window closing.
Once at L1, the CEV performs a libration point arrival maneuver (954 m/s) to insert itself into an
orbit in the vicinity of the Lunar Lander and Kick Stage, and then completes a series of rendez-
vous maneuvers to dock with those elements within 6 hr after arrival. All crewmembers then
transfer over from the CEV to the Lunar Lander, complete any necessary vehicle check out tasks,
and undock from the CEV. Next, the Kick Stage executes libration point departure (248 m/s) to
target the Lander on a trajectory for insertion into a 100 km altitude low lunar orbit while the
CEV loiters unoccupied at the libration point.

The selected L1-to-Moon trajectory is a near-minimum delta-V transfer with a flight time of 60
hr. At perilune, the Kick Stage will insert the Lunar Lander (632 m/s) into a temporary 100 x
100 km lunar parking orbit with an inclination appropriate for the selected landing site. A tem-
porary parking orbit is used rather than direct hyperbolic descent for reasons of (1) crew safety,
(2) to provide global access, and (3) a generally lower delta-V. For item (1), direct descent may
require the perilune altitude of the inbound trajectory to be below the lunar surface, and engine
ignition failure would result in lunar impact. After successful insertion into the lunar parking
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orbit, the Kick Stage separates from the Lunar Lander and disposes itself via lunar impact. The
crew then executes deorbit and powered descent (1,876 m/s) to the surface with the Lander De-
scent Stage at the first available opportunity, which should occur within one orbit revolution.
The availability of a given landing site for the trade reference mission was assumed to be re-
stricted by lighting conditions during descent. The Apollo missions were conducted with a sun
elevation angle between 7 to 20 degrees. The constraint was a derived requirement based on
visual restrictions and landing fuel allotment. The first restriction was that the Sun had to be op-
posite the Lander’s direction of travel to avoid having direct sunlight impair the crew’s vision.
The second restriction had two considerations. First, lunar surface photo resolution was unable
to identify boulders or craters smaller than about 3 meters. Therefore the crew was required to
pick an obstruction-free landing site. In order to pick a site, they had to visually identify the ob-
struction. Studies indicated that the contrast created by shadows was the best way to identify the
obstructions, and in order for the crew to see the shadows, they had to approach their intended
landing site with a “glide slope” greater than the sun angle that created the shadows. A higher
sun angle therefore required an even higher glide slope. A higher glide slope in turn had the dis-
advantage in that a smaller portion of the descent engine thrust was used to slow the vehicle’s
horizontal velocity. The compromise was establishing a landing time that corresponded with a 7
to 20 degree sun angle at the intended landing site. Undoubtedly, other considerations played
into this requirement as well. Although this trade reference mission was not constrained to fol-
low the reported Apollo derived landing restrictions, it was considered to be a reasonable place
from which to start. It would place the Lander on the surface starting 0.5 to 1.5 days after lunar
dawn and ending 7.5 to 8.5 days after lunar dawn, allowing for a full 7 days of lighted surface
activity. Advancements in landing aids, including high resolution surface imaging, laser- or
camera-based visual aids, and emplaced surface targeting beacons may allow this visual landing
restriction to be relaxed. If so, the Lander could theoretically land anytime in daylight or dark-
ness.

Once on the lunar surface, the Lunar Lander provides the capability to operate and perform daily
EVAs for up to 7 days as dictated in the LDRM-2 task statement. However, given the lack of a
defined surface exploration strategy, no attempt was made to determine how the crew’s time on
the Moon might be spent. As the surface mission is expiring, the crew will prepare the Lander
Ascent Stage for return to L1. The Ascent Stage separates from the Descent Stage on the lunar
surface and ascends (1,829 m/s) to a 100 x 100 km temporary lunar parking orbit, where it loiters
up to one orbit revolution until the lunar orbit departure window opens. The Lander Ascent
Stage executes the lunar orbit departure maneuver (632 m/s), putting the vehicle and crew on a
60-hr transfer back to the CEV waiting at Lunar L1. Arriving in L1 vicinity, the stage performs
a libration point arrival burn (248 m/s) and a series of rendezvous maneuvers to re-dock with the
CEV within 6 hr.

After docking, the crew transfers back over to the CEV to start up and check out the vehicle,
transfers over any cargo to be returned to Earth, and undocks from the Lander Ascent Stage. The
CEV then executes a libration point departure burn (798 m/s) to target the CEV for atmospheric
entry 82 hr later. Though the planned flight time is a near-minimum delta-V transfer lasting 82
hr, 360° of landing site longitude control can be achieved by adding or subtracting 12 hr from the
nominal flight time. The CEV upon reaching Earth directly enters the atmosphere and lands at a
water landing site. While full landing site longitude control can be achieved by changing the re-

151



Exploration Systems Mission Directorate
Title: Lunar Architecture Focused Document No.: ESMD-RQ-0005 Baseline
Trade Study Final Report Effective Date: 22 October 2004 Page 152

turn trip time, landing site latitude for direct entry will be dictated by the location of the Moon’s
antipode at the time of libration point departure. The Moon’s antipode cycles between +18.3°
and +28.6° latitude over its 27.3-day revolution about Earth, depending on how its rotation axis
is oriented relative to Earth. The Moon’s axis varies between +5.1° as measured relative to
Earth’s 23.5° inclined rotation axis on an 18.6-year cycle, which gives rise to the 18.3° to 28.6°
lunar antipode maximum latitude variation.

Three hours prior to atmosphere entry interface, the CEV separates the Crew Module (which
contains the crew) from its service module for disposal and orients itself into the correct attitude
for the entry phase. The service module is targeted for breakup in the atmosphere with a debris
footprint uprange from the Crew Module’s touchdown point. After landing successfully, the
crew and cargo is assumed to be recovered within 2 hr of entry. Meanwhile, the Ascent Stage
automatically performs a final maneuver for a controlled disposal. Even without this maneuver,
such as with a dead Ascent Stage, the gravitational interactions from Earth, the Moon, and the
Sun would eventually cause the stage to be disposed. The stage would either impact Earth or the
Moon, or coast into a heliocentric orbit, though the specifics of the disposal would be uncontrol-
lable.

Figure 10.2-3 and Tables 10.2-2 — 10.2-3 outline the assumed timelines and delta-V’s for the
trade reference mission as described above.
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Figure 10.2-3: Nominal Timeline for the Trade Reference Mission
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Phase Mission Elapsed Time
Vehicle Phase Name Length | Overall MET | EDS1 | Kick |Lander| EDS2 | CEV
Stage
(hr) (hr) | (days) (hr)

EDS1 Launch from Earth/Loiter 2 2 0.1 2
EDS1 Loiter in LEO 332 334 139 334
Kick Stage/Lander Launch Weather Delay 48 382 15.9 382 48 48
Kick Stage/Lander Launch from Earth/Loiter 2 384 16.0 384 50 50
Kick Stage/Lander Rendezvous & Dock w/ EDS 50 434 18.1 434 100 100
EDS1/Kick Stage/Lander |Vehicle Checkout 12 446 18.6 446 112 112
EDS1/Kick Stage/Lander [Missed EOD Opportunity 240 686 28.6 686 352 352
EDS1 Earth Orbit Departure 0 686 28.6 686 352 352
EDS1/Kick Stage/Lander [Coast 47 733 30.5 733 399 399
EDSI1 MCC & EDS Disposal 0 733 30.5 733 399 399
Kick Stage/Lander Coast 47 780 32.5 446 446
Kick Stage/Lander Libration Point Arrival 0 780 32.5 446 446
Kick Stage/Lander Loiter at L1 130 910 37.9 576 576
EDS2 Launch from Earth/Loiter 2 912 38.0 578 578 2
EDS2 Loiter in LEO 334 1246 51.9 912 912 336
CEV Launch Weather Delay 48 1294 53.9 960 960 384
CEV Launch from Earth/Loiter 2 1296 54.0 962 962 386 48
CEV Rendezvous & Dock w/ EDS 50 1346 56.1 1012 1012 436 50
EDS2/CEV Vehicle Checkout 12 1358 56.6 1024 1024 448 100
EDS2 Earth Orbit Departure 0 1358 56.6 1024 1024 448 112
EDS2/CEV Coast 47 1405 58.5 1071 1071 495 112
EDS2 MCC & EDS Disposal 0 1405 58.5 1071 1071 495 159
CEV Coast 47 1452 60.5 1118 1118 159
CEV Libration Point Arrival 0 1452 60.5 1118 1118 206
CEV Dock w/ Lander 6 1458 60.8 1124 1124 206
CEV/Kick Stage/Lander |Crew Transfer & Checkout 24 1476 61.5 1148 1148 212
Kick Stage/Lander Undock from CEV 0 1476 61.5 1148 1148 236
Kick Stage Libration Point Departure 0 1476 61.5 1148 1148 236
Kick Stage/Lander Coast 60 1536 64.0 1208 1208 236
Kick Stage Lunar Orbit Insertion 0 1536 64.0 1208 1208 296
Kick Stage Kick Stage Disposal 0 1536 64.0 1208 1208 296
Lander Powered Descent 0 1536 64.0 1208 296
Lander Surface Mission 168 1704 71.0 1376 296
Lander Ascent 0 1704 71.0 1376 464
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Phase Mission Elapsed Time
Vehicle Phase Name Length | Overall MET | EDS1 | Kick |Lander| EDS2 | CEV
Stage
(hr) (hr) | (days) (hr)

Lander Lunar Orbit Departure 0 1704 71.0 1376 464
Lander Coast 60 1764 73.5 1436 464
Lander Libration Point Arrival 0 1764 73.5 1436 524
Lander Rendezvous & Dock w/ CEV 6 1770 73.8 1442 524
Lander/CEV Crew Transfer & Checkout 24 1794 74.8 1466 530
CEV Undock from Lander 0 1794 74.8 1466 554
Lander Ascent Stage Disposal 0 1794 74.8 1466 554
CEV Libration Point Departure 0 1794 74.8 554
CEV Coast 91 1885 78.5 554
CEV Dispose Service Module 0 1885 78.5 645
CEV Coast & Entry 3 1888 78.7 645
CEV Recovery 1 1889 78.7 648

Table 10.2-2: TRM Mission Phase Description
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Maneuver Name

Element

AV (m/s)

Comments

Earth Orbit Departure

Libration Point Arrival

Earth Orbit Departure

Libration Point Arrival

Libration Point
Departure
Lunar Orbit Insertion

Descent

Ascent

Lunar Orbit Departure

Libration Point Arrival

Libration Point
Departure

Lander EDS

Kick Stage

CEV EDS

CEV

Kick Stage

Kick Stage

Descent Stage

Ascent Stage

Ascent Stage

Ascent Stage

CEV

3,104

954

3,104

954

248

632

1,876

1,829

632

248

798

Co-planar departure from LEO assembly orbit
(407 km, 28.5°) w/ 24-hr injection window.
Nominal flt time to L1 = 82 hr. Moon @
perigee.

L1 insertion w/ 57.1° plane change (worst-
case inclination of transfer orbit w.r.t. Earth-
Moon plane) & 24-hr EOD injection window.

Co-planar departure from LEO assembly orbit
(407 km, 28.5°) w/ 24-hr injection window.
Nominal flt time to L1 = 82 hr. Moon @
perigee.

L1 insertion w/ 57.1° plane change (worst-
case inclination of transfer orbit w.r.t. Earth-
Moon plane) & 24-hr EOD injection window.

Target for 100 km polar orbit (worst case).
Nominal flt time to lunar orbit = 60 hr.

Insertion into 100x100 km polar orbit (worst
case).

Fuel-optimal powered descent design for in-
plane descent from 100x100 km polar orbit
(ref. First Lunar Outpost study)

Fuel-optimal powered ascent design for in-
plane ascent to 100x100 km polar orbit (ref.
First Lunar Outpost study)

Departure from 100x100 km polar orbit
(worst case). Nominal flt time to L1 = 60 hr.

L1 insertion from 100 km polar orbit (worst
case).

Earth return transfer w/ 40° transfer orbit in-
clination w.r.t. Earth equator for favorable
landing latitude & 24-hr departure window.
Earth vacuum perigee altitude = 38 km.
Nominal flt time to Earth = 82 hr.

Table 10.2-3: Summary of Major Maneuvers for the TRM
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10.3 Safety & Mission Success

The following sections detail the methodologies used to develop Safety and Mission Success
products for the LDRM-2. The products generated are intended to support the Safety/Reliability
Figures of Merit (FOMs) described in the LDRM-2 Requirements Formulation Task (RFT) Task
Team Request RFT 0001.04.

10.3.1 Critical Event Identification

For the purpose of this LDRM-2 study, critical events are defined as any event during the mis-
sion timeline that is required to be successfully completed to avoid either a loss of the mission
(LOM) or a loss of the crew (LOC). Fifty-six critical events were identified for the trade refer-
ence mission (TRM). Out of the fifty-six critical events identified, nineteen occurred during un-
crewed portions of the mission while the remaining thirty-six occurred during the crewed por-
tions of the mission. Each TRM critical event identified was assigned an identification number.
The critical event identification numbers will be used to map the TRM and various architecture
option critical events to related risks or hazards (refer to Section 20.16 Risks and Hazards As-
sessment). As the TRM critical events were identified, they were arranged in sequential order
and reviewed with LDRM-2 team members. Once the sequence ordering and terminology of
critical events were reviewed and approved by the participating team members, the TRM critical
events were assigned a rank describing their importance. The critical event ranking methodology
used is described in section 10.3.2.

In an effort to overlay the TRM critical events with the TRM mission abort opportunities, each
TRM critical event was categorized into a mission phase. Section 10.4 discusses the TRM mis-
sion abort opportunities per mission phase in detail.

10.3.2 TRM Critical Event Ranking

Due to the TRM critical event descriptions being very general, it was decided to keep the critical
event ranking criteria at a high-level for consistency purposes. A simplistic approach was used
for determining the critical event ranking methodology. The TRM critical events were assigned
a ranking of 1, 2, or 3, with 3 representing the most critical of mission events. The ranking defi-
nitions are defined as follows:

Rank of 1: Failures during mission critical events that could lead to a Loss of
Mission (LOM) but not a Loss of Crew (LOC).

Rank of 2: Failures during mission critical events that could lead to a LOC but
would have a mission abort or emergency procedure mitigation op-
tion available to prevent a LOC.

Rank of 3: Failures during mission critical events that would not have a mission
abort or emergency procedure mitigation option available to prevent
a LOC.
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The LDRM-2 team members that reviewed and approved the sequence order and critical event
terminology participated in ranking the TRM critical events. Seven of the fifty-six critical events
received a rank of 3. Twenty-four of the fifty-six critical events received a rank of 2, while the
remaining twenty-five critical events received a rank of 1. The complete set of identified and
ranked critical events for the TRM is listed in Table 10.3.2-1.

TRM Mission o TRM Critical
Phase ID # TRM Critical Events Event Rank
TRM-01 | EDS-1 (for the LL) Launch 1
EDS-1 Launch & | TRM-02 | EDS-1 Ascent 1
Ascent to LEO TRM-03 | EDS-1 Launch Shroud Separation 1
TRM-04 | EDS-1 Separation from Booster 1
EDS-1 Orbit in TRM-05 EDS-1 Orbital Maneuvering 1
LEO
TRM-06 | LL & Kickstage Launch 1
LL & Kickstage TRM-07 | LL & Kickstage Ascent 1
£ | Launch & As- LL & Kickstage Launch Shroud Separa-
§ cent to LEO TRM-08 | .1 1
w TRM-09 | LL & Kickstage Separation from Booster 1
E LL, Kickstage, & | TRM-10 LL & Kickstage Orbital Maneuvering 1
£ | EDS-1 Orbit & -
g R G TRM-11 | LL & Kickstage Docks to EDS-1 1
g TRM-12 | EDS-1, Kickstage, & LL Burn for L1 1
@ | LL, Kickstage, & LL & Kickstage Separates from EDS-1
S | EDS-1LEOto | TRM-13 ge Sep 1
D | L1 Transfer Kickstage & LL Mid-course Correction
TRM-14 Burn 1
LL & Kickstage TRM-15 Kickstage & LL Burn to Slow Near L1 1
L1 Ops
TRM-16 | EDS-2 (for CEV) Launch 1
TRM-17 | EDS-2 Ascent 1
E‘ESe-ﬁtLtiul?gg& TRM-18 | EDS-2 Launch Shroud Separation 1
TRM-19 | EDS-2 Separation from Booster 1
TRM-20 | EDS-2 Orbital Maneuvering 1
TRM-21 | CEV (CM+SM) Launch 2
2 TRM-22 | CEV Ascent 2
g gg“:’eki‘:‘:f_’ég‘ TRM-23 | LAS Separation 2
w TRM-24 | CEV Launch Shroud Separation 2
S TRM-25 | CEV Separation from Booster 2
£ | CEV LEO Orbit TRM-26 | CEV Orbital Maneuvering 2
(&)
3 g;endezvous TRM-27 | CEV Docks to EDS-2 5
S TRM-28 | EDS-2 & CEV Burn for L1 2
o
(&) '(I':li\rllsI:fE? ik TRM-29 | CEV Separates from EDS-2 2
TRM-30 | CEV Mid-course Correction Burn 1
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TRM Mission . TRM Critical
Phase ID # TRM Critical Events Event Rank
TRM-31 | CEV Burn to Slow Near L1 2
CEV, LL, & TRM-32 | CEV Orbital Maneuvering 2
Kickstage L1 TRM-33 | CEV Docks to LL & Kickstage 2
Ops TRM-34 | Crew Transfer from CEV to LL 1
TRM-35 | LL & Kickstage Separates from CEV 2
LL & Kickstage TRM-36 Iél;b8l(t Kickstage Burns for Low Lunar 5
#:at:slf'el'ro TRM-37 LL & Kickstage Mid-course Correction y
Burn
LL & Kickstage TRM-38 I(_IEO%)chkstage Lunar Orbit Insertion >
LLO Insertion TRM-39 | Kickstage Separates from LL 2
LL LLO to Pow- LL Deorbit Burn to Moon
ered Descent TRM-40 2
Initiation
LL Powered De- LL Powered Descent & Landing to
scent Initiation TRM-41 Moon (Includes all Critical Burns) 3
to Lunar Sur-
face
LL Ascent Stage | TRM-42 | LL Ascent Stage Separation & Ascent 3
ttgar Ascent to TRM-43 LL Ascent Stage Orbital Maneuvering 3
LL Ascent Stage | TRM-44 LL Ascent Stage Lunar Orbit Departure 3
LLO to L1 - -
Transfer TRM-45 Iéll_“ﬁscent Stage Mid-Course Correction y
TRM-46 | LL Ascent Stage L1 Arrival 3
LL A s TRM-47 | LL Ascent Stage Orbital Maneuvering 2
A CEs\;:eqo;:ge TRM-48 | LL Ascent Stage Docks with CEV 2
TRM-49 | Crew Transfer from LL to CEV 2
TRM-50 | CEV Separates from LL Ascent Stage 2
TRM-51 | CEV Burn for Earth 3
CEV L1 to Earth TRM-52 | CEV Mid-course Correction Burn 1
Transfer TRM-53 CM Separates & Maneuvers away from 5
SM
CM Earth Re- TRM-54 | CM Entry 3
entry to Touch- TRM-55 | CM Landing 2
down TRM-56 | Crew Recovery 2

Table 10.3.2-1: TRM Ciritical Events Ranking

Due to the TRM critical event descriptions being generalized, assumptions were made and con-
sidered in the ranking. A blanket assumption was made for having redundant pyrotechnic sepa-
ration provisions for all mechanical separation events (i.e. undocking). This assumption was the
difference for some critical events receiving a rank of 2 as opposed to a rank of 3.
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Five of the critical events received specific individual assumptions. Critical event TRM-31
(CEV Burns to Slow Near L1) was ranked a 2 assuming redundancy in the main propulsion sys-
tem would help mitigate any failure resulting in a perigee change that might not allow the CEV
to return to Earth. Critical event TRM-35 (LL & Kickstage Burns for Low Lunar Orbit) consid-
ers what happens to the Lunar Lander & Kickstage when there is a partial burn and early engine
cutoff during the transfer to low lunar orbit. It was assigned a rank of 2 due to having the Lunar
Lander Ascent Stage available for a mission abort and return to L1. Critical event TRM-40 (LL
Powered Descent & Landing to Moon) was ranked a 3 due to having insufficient knowledge re-
garding black zones for a Lunar Lander powered descent and landing. Black zones indicate pe-
riods of time where the vehicle cannot respond to an engine failure and return to orbit during the
time period that a catastrophic outcome would occur. Critical event TRM-52 (CM Separates &
Maneuvers away from SM) was given a ranking of 2 based on the assumption the Crew Module
(CM) could separate and maneuver away from the Service Module (SM) during re-entry. Lastly,
critical event TRM-53 (CM Entry) was assigned a rank of 3 assuming the potential for a thermal
protection system/heat shield (TPS) burn-through, without functional redundancy for this system,
during re-entry.

10.3.3 Top TRM Safety Concerns Based on the Critical Event Ranking

Safety & Mission Assurance (S&MA) performed an evaluation of mission critical events and the
hazards associated with the operations concept for the TRM. Hazard identification methodology
was based on previous hazards analyses developed for the Space Shuttle Program and explora-
tion studies. Hazardous conditions were identified for Contamination in the Habitable Volume,
Electrical Shock, Environmental (temperature, humidity), Fire and Explosion, Impact/Collision,
Loss of Habitable Environment, Physiological/Psychological, Loss of Vehicle Control, Radia-
tion, Contingency EVA Operations, Inability to Dock, Transfer Crew, and Undock, Inability to
Egress Vehicle after Contingency Earth Return, and Loss of Entry Capability. The complete set
of hazardous conditions, causes, effects, and potential controls are located in Section 20.17 of the
Appendix. In addition to the hazardous conditions, multiple subsystem risks were identified for
the study. Example subsystems included, but are not limited to, avionics, propulsion, electrical
power system, and active thermal control system. The documented subsystem risks are some-
what generalized in order to be consistent with the level of detail provided in this study. The
complete set of system risks is also located in Section 20.17 of the Appendix.

The goal was to identify top TRM safety concerns based on the critical events and their ranking.
Hazards and safety concerns are usually not isolated to one event phase of the mission. Safety
concerns can be categorized into significant phases of the mission.

Major safety concerns can be attributed to hazards associated with Launch Events and Environ-
ments. The crew is subjected to high dynamic forces when the vehicle is transferring large
amounts of energy into thrust for very short time periods during the on-orbit phases. The crew is
also exposed to additional high dynamic loads and forces associated with the effect of leaving
and re-entering the Earth’s atmosphere.

Upon successful placement in low Earth orbit (LEO) (and other phases of the mission) the crew
is subjected to mission specific risks and safety hazards associated with vehicle Rendezvous,
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Docking, and Separation events. During these events the crew must have controls in place to
mitigate the higher risk of vehicle damage due to unintended contact between vehicles which
could result in an injury to the crew, a loss of crew (LOC), or a loss of specific vehicle function
resulting in a loss of mission (LOM).

The Insertion/Departure phases of the mission could be broken down into three sub-phases:
Earth Orbit Insertion/Departure, Lunar Orbit Insertion/Departure, and Libration Point Inser-
tion/Departure. During these phases, hazards associated with long duration physiological effects
on the crew become significant safety concerns. These phases will subject the crew to long peri-
ods of minimal activity. Major safety controls will need to be in place to mitigate bone loss and
other physiological effects. The insertion and departure phases will also subject the vehicle and
crew to long sustained periods of radiation exposure. The vehicle and crew may also be sub-
jected to additional environments that may increase the likelihood of certain hazards during the
insertion and departure phases as well.

In preparation for the lunar surface phase of the mission, the crew will be subjected to hazards
associated with Lunar Descent, Ascent and Surface Ops. This mission phase contains EVA and
Vehicle Lunar Surface operations. Unique hazards will require controls that involve both Intra-
vehicular Activities (IVA) as well as all Extravehicular Activities (EVA) operations.

To achieve a successful return to Earth the vehicle and crew will experience hazards associated
with Earth Arrival, Atmospheric Entry, and Recovery. This phase involves events associated
with the CEV propulsion burn required for return to Earth, CEV re-entry events, and crew recov-

ery.
The final category where a significant amount of safety and risks exist, are the hazards associated

with Aborts and Crew Escape. Unique hazards will be present in all Mission Abort and Crew
Escape scenarios.

Based on the ranking criteria described in Section 10.3.2, the following table is a summary of the
highest risk (Rank of 3) mission critical events and corresponding mission phases. All of these
critical events could result in the loss of a crewmember. Upon comparison among the seven
TRM critical events ranked as a 3, five occur during the timeframe between Lunar Lander de-
scent to the lunar surface and the Lunar Lander arrival at L1.

ID # Critical Event Description Mission Phase
LL Powered Descent & Landing to Moon | Lunar Descent and Surface Ops.
TRM-41 | . .
(includes all Critical Burns)
TRM-42 LL Ascent Stage Separation & Ascent Lunar Ascent, Separation, and
Surface Ops.
TRM-43 | LL Ascent Stage Orbital Maneuvering Lunar Ascent
TRM-44 | LL Ascent Stage Lunar Orbit Departure Lunar Ascent and LOD
TRM-46 | LL Ascent Stage L1 Arrival Lunar Ascent
TRM-51 | CEV Burn for Earth L1-D and EOI
TRM-54 | CM Entry Atmospheric Entry

Table 10.3.3-1: TRM Ciritical Events Receiving a Rank of 3
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10.3.4 Top TRM Mission Success Concerns

From a Safety & Mission Assurance (S&MA) viewpoint, there are several operational issues in
the TRM affecting the probability of mission success. The TRM contains five elements (Earth
Departure Stage-1 (EDS-1), EDS-2, Kickstage, Lunar Lander, and the Crew Exploration Vehicle
(CEV)) which are put into orbit on four separate launch vehicles. Inherently, the more elements
or critical events contained in a mission architecture, the lower the probability of mission success
will be. For example, increasing the number of high-energy transfer events will lower the prob-
ability of mission success. High-energy events are events such as launches, separations, and en-
gine burns. The TRM contains a total of four launches, eleven element separations, and six ele-
ment engine burns. Other critical events, such as automated docking and rendezvous of un-
manned and manned elements, will contribute to lowering the probability of mission success.

Having multiple launches (total of four) in the TRM will also negatively affect the probability of
mission success. Simply by having four launches, the chances of having a launch delay due to
weather or a mechanical failure increases dramatically. Launch delays prior to the first element
launch will not have as large an impact on the probability of mission success as a launch delay
succeeding the first launch. Given the first launch occurs successfully and there is a launch de-
lay for any of the remaining three elements, micrometeoroid & orbital debris (MMOD) strikes on
the EDS-1 while loitering in LEO may become a concern. However, if any mission architecture
element is stranded at L1 for a period of days, orbital debris strikes will become much less of a
concern than micrometeoroid strikes. Thus the likelihood of a mission architecture element be-
ing struck by MMOD will never be any higher than what it is in LEO. Additional analyses
should be completed to show the impact these critical events have on the probability of mission
success.

10.3.5 Potential Mitigation Plans for TRM Critical Events

This analysis identified TRM critical events with a rank of 3 that present a challenge for the pro-
ject to provide adequate mitigation options. The basic premise behind the success of any risk
management system is to develop mitigation strategies that identify and implement actions and
events needed to control a particular hazard or risk prior to it becoming a problem.

Certain situations might necessitate additional layers of Redundancy to mitigate a risk to success.
Redundancy as a mitigation is not without its inherent costs. When redundancy is chosen, the
mass and complexity of the system is virtually always increased. With a redundancy solution,
added controllers and software must have a robust Integrated Vehicle Health Monitoring
(IVHM) system to allow for switching parallel strings seamlessly, quickly, and without affecting
the critical vehicle operations.

Whenever possible, the most logical path for mitigation is to increase the Reliability of the sys-
tem or component. The level of reliability for components is based on the worst case environ-
ments the part must be required to function within for a specific amount of time.

Critical operations, for both on-orbit and lunar surface activities, will require Contingency Plans
or Malfunction (MAL) procedures to be in place and ready to provide a work-around for any op-
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erational situation requiring mitigation. MAL procedures allow the crew to work from a pre-
prepared plan to mitigate a problem, or improvise to adjust for unforeseen failures and/or anoma-
lies.

In cases of failures or situations that would lead to a Loss of Crew (LOC), Loss of Vehicle
(LOV), or Loss of Mission (LOM), the only viable option available for mitigation might be to
activate Crew Escape/Mission Abort systems and return to either Earth or a safe haven location.
Crew escape and mission aborts require a radical deviation in the mission plan. In addition to
using crew escape and mission aborts for mitigating vehicle failures, this strategy can also be ac-
tivated to return an injured or critically ill crewmember quickly back to Earth.

Based on the ranking criteria described in Section 10.3.2, Table 10.3.5-1 lists the High Risk
TRM Critical Events (Rank of 3). These events were identified as mission phases that have the
most amount of risk involved with a lack of mission abort or emergency procedure mitigation
option to prevent LOC. The potential mitigation column is used to identify possible areas of de-
velopment to lower the risk likelihood or consequence.

ID # Critical Event Description Potential Critical Event Mitigations
TRM-41 LL Powered Descent & Landing to | Increased Reliability, Redundancy,
Moon (includes all Critical Burns) | Contingency Plans
LL Ascent Stage Separation & Increased Reliability, Redundancy,
TRM-42 :
Ascent Contingency Plans
LL Ascent Stage Orbital Increased Reliability, Redundancy,
TRM-43 . )
Maneuvering Contingency Plans
LL Ascent Stage Lunar Orbit Increased Reliability, Redundancy,
TRM-44 :
Departure Contingency Plans
LL Ascent Stage L1 Arrival Increased Reliability, Redundancy,
TRM-46 .
Contingency Plans
TRM-51 CEV Burn for Earth Incregsed Reliability, Redundancy,
Contingency Plans
TRM-54 CM Entry Incregsed Reliability, Redundancy,
Contingency Plans

Table 10.3.5-1: Potential Mitigation Areas for TRM Ceritical Events Assigned a Rank of 3

10.3.6 TRM Critical Events vs. Apollo 17 Mission Profile Critical Events

In an effort to better understand risk to mission success, a timeline from past missions can be
used to identify the critical event similarities and differences between Apollo 17 and the TRM.
A total of twenty-five critical events were identified for the Apollo 17 mission. All twenty-five
events that occurred involved the crew. There were zero uncrewed critical events for this mis-
sion. Of the twenty-five crewed critical events, only four received a ranking of 3. Twenty criti-
cal events were ranked as a 2, while a single event was ranked 1. The same ranking methodol-
ogy used for the TRM critical events was applied to Apollo 17’s critical events.
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Critical Event APOLLO-13 (Lunar Module Descent & Landing to the Moon) was ranked a 3 due
to the Apollo 17 mission having a black zone where in the event of a descent engine failure, the
descent stage could not be separated and the ascent stage engine started in time to prevent a
catastrophic crash onto the lunar surface. Critical event APOLLO-16 (Lunar Module Ascent
Stage Separation & Ascent) was ranked a 3 due to the Lunar Module having only a single engine
during its ascent from the lunar surface to lunar orbit. The single ascent engine on the Lunar
Module did not provide an engine-out capability during this phase to prevent a loss of crew
(LOC). Critical event APOLLO-21 (Trans Earth Injection Burn) was necessary for returning the
Apollo 17 crew back to Earth. Apollo 17 had no engine-out capability on the Service Module
after the Lunar Module had been expended. Thus, APOLLO-21 received a ranking of 3. Critical
event APOLLO-23 (CM Entry) received a ranking of 3 due to the Apollo 17 Command Module
not having a redundant TPS system. If a TPS burn-through would have occurred during the
Apollo 17 atmospheric entry, there were no additional resources to prevent a loss of crew (LOC).

As compared to the number of TRM critical events, Apollo 17 had twenty-nine fewer. Apollo 17
also had fewer critical events that received a ranking of 3. The majority of Apollo 17’s critical
events had some type of mitigating event feature(s) during crewed phases that would prevent a
loss of crew (LOC) from occurring. Listed in Table 10.3.6-1 are the critical events and associ-

ated rankings from the Apollo 17 mission timeline.

Derived Critical Events from Apollo 17 qull.o Uy
1DE Technical Debrief Cliteel
Event Rank
APOLLO-01 | Launch 2
APOLLO-02 | Ascent 2
APOLLO-03 | Booster Separation 2
APOLLO-04 | LES Separation 2
APOLLO-05 | TLI Burn 2
APOLLO-06 | SLA Separation 2
APOLLO-07 | LM Dock 2
o APOLLO-08 | LM Separation from Saturn-IVB 2
o APOLLO-09 | Mid-course Correction Burn 2
& [ APOLLO-10 | Lunar Orbit Insertion Burns 2
% APOLLO-11 | Crew Transfers from CSM to LM 1
< APOLLO-12 | LM Separates from CSM 2
i APOLLO-13 | LM Powered Descent & Landing to the Moon 3
dga APOLLO-14 | CSM Plane Change Burn 2
(4 APOLLO-15 | CSM Orbital Maneuvering 2
© APOLLO-16 | LM Ascent Stage Separation & Ascent 3
APOLLO-17 | LM Orbital Maneuvering 2
APOLLO-18 | LM Docks with CSM 2
APOLLO-19 | Crew Transfers from LM to CSM 2
APOLLO-20 | CSM Separation from LM 2
APOLLO-21 | CSM Trans Earth Injection Burn 3
APOLLO-22 | CM Separates from SM 2
APOLLO-23 | CM Entry 3
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Derived Critical Events from Apollo 17 Apo_llp i
ID # ] . Critical
Technical Debrief
! Event Rank
APOLLO-24 | CM Landing 2
APOLLO-25 | Crew Recovery 2

Table 10.3.6-1: Apollo 17 Critical Events Ranking

10.4 Mission Abort Options

Crew Survival encompasses all activities necessary to acquire a collective understanding of all
threats to the life of a crewmember and provide for integrated crew survival solutions. These
solutions are considered in terms of abort, escape, egress, safe haven, and rescue with respect to
all human exploration systems and are applied across both flight and ground segments through-
out all mission phases. Although it may not fit the classical definition of a subsystem, the pri-
mary function of the LDRM aborts are to ensure crew survival throughout the mission by the
safe return of the crew to the Earth in the event that something occurs that precludes mission
continuation. This includes the tasks necessary to identify, develop and test systems that ensure

crew survival in the presence of catastrophic events.

10.4.1 Subsystem Description

a. Primary Functions

The NASA Human Rating Requirements and Guidelines for Space Flight Systems, NPR: 8705.2,

(HRR) provides the following definitions of abort and crew escape:

Abort: The successful recovery of the space flight system and its crew and pas-
sengers in the event of an anomaly that precludes mission continuance. One type
of abort (intact) allows recovery without exceeding stability, control, thermal, or
physiological limits, and the other type (contingency) may result in exceeding
system limits in the process.

Crew Escape: The successful recovery of the space flight system crew and pas-
sengers in the event of an anomaly that precludes mission continuance. The space
flight system in this scenario is abandoned and presumably lost.

Abort: In the event of an anomaly that precludes mission continuance, the safe
return to Earth of the crew inside the spacecraft. Rescue of the crew is manda-
tory. The capability to recover and, if applicable, re-use the spacecraft is gov-
erned by the vehicle failure tolerance requirements in the System Requirements
Document. On re-entry, “mission continuance” refers to the capability of the
spacecraft to safely touchdown at the targeted site.

Subsequently, the Orbital Space Plane Human Rating Plan (OSP Plan-10) provided the following
more specific definitions:
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Crew Escape: 1. The safe return to Earth of the crew in the event of an anomaly
that requires the crew to exit the spacecraft using an escape system (e.g. extrac-
tion, ejection, escape pod), or 2. The safe return to Earth of the crew inside a crew
compartment that is no longer an integral part of the spacecraft element designed
for nominal re-entry and touchdown.

The Human Rating Requirement (NPR 8705.2) also states that Beyond Earth Orbit (BEO) mis-
sions require unique abort and survival modes. Missions designed for BEO require sufficient
power, consumables, and trajectory design to maximize abort capabilities to ensure crew sur-
vival. These abort modes include, but are not limited to, powered return, free return, pre-
positioning capabilities, and safe haven. In general, this mission profile requires the space flight
systems and its propulsion system to have sufficient propellant to fly off-nominal trajectories.
Critical systems should also be designed so that failures do not result in a catastrophic event.
The design should provide time for other systems or the crew to recover from a critical system
failure. As a last resort, when abort modes are not feasible, a safe haven capability should be
provided to ensure that survival capability and consumables exist to return the crew to a position
from which a rescue can be conducted. Consideration should be given to pre-positioning con-
sumables, spare parts, and other critical logistics and services to improve abort and safe haven
capabilities.

The BEO mission must meet a high probability of safe crew return over the life of the program.
However, the higher mission complexity and length is offset by the fact that there may be only a
few missions conducted at that level of technical and safety risk. As experience with the mission
grows and the possibility of establishing a permanent outpost or colony arises, the reliability goal
for each individual mission must rise to account for the increased flight rate and consequent ex-
posure. Autonomy, functional redundancy, and tools to deal with the unexpected are a critical
part of the design for safety. Technology will likely pace the schedule for accomplishing this.

Loss of life will be prevented through the integrated efforts of accurate identification of critical
and catastrophic hazards, along with understanding the likelihood of their occurrence; establish-
ing a high confidence in the detection of the hazards and the corresponding hazard mitigation
responses; accommodating complex interfaces; providing for the effective function of system
solutions and the timely completion of manual or automated procedures. These aspects will be
clearly related, traced and validated to provide an overall measure of crew survival for the pro-
gram.

b. Key design parameters (design drivers)

The key design parameters that will drive the design of and options for LDRM aborts are the
propulsive delta velocity required for any abort maneuvers, the overall trip time, the abort return
to Earth or return to the Crew Exploration Vehicle (CEV) times, and any safe haven durations.
These parameters will impact the overall mass of the LDRM architecture and the mass of each
stage in the architecture. Additionally, crew volume and the accessibility to internal systems to
effect system repairs and the accessibility, size and number of hatches to support egress and in-
gress activities will drive the design of the CEV and the Lander.
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c. Typical redundancy/reliability design approach

To be compliant with the Human Rating Requirement all subsystems should be designed to be
two failure tolerant to any loss of life event. However, this requirement is often set aside for sys-
tems where it may be impractical to implement such as primary structure and pressure vessels.
In general all LDRM elements associated with crew transport and habitation during the mission
should be designed to provide functional redundancy if physical redundancy is not practical.

d. Typical vehicle resource requirements

The crew transportation elements of the LDRM must be designed to provide the necessary re-
sources to power the systems and provide adequate life support for the crew during the comple-
tion of the nominal mission and any potential aborts, whichever is larger. In addition, the ele-
ments may be required to provide the resources to provide a safe haven for the crew while they
await an Earth based rescue mission. This safe haven time has not been determined but could
range from weeks to months. Providing for safe haven will have significant impact on the re-
sources required to support the crew.

e. Potential for resource conservation during coast or parking orbit mission phases

In order to reduce or minimize the resource requirements during any abort option the crew trans-
portation elements should be designed to support both extensive power down of redundant sys-
tems and an increased time to the catastrophic effect such that the crewed vehicle requires fewer
systems to remain operating at any given time in the mission.

f. Potential vehicle design interactions or synergy

The following vehicle design interactions could enhance crew survival by increasing resources
available to the crew for life support:

1. Fuel cells produce potable water for crew consumption.

2. Cryogenic propellants common to power system and crew life support might
support longer duration safe haven concepts.

3. Common propellants among the various stages with the appropriate propellant
interconnects and transfer capability would allow the use of one stage’s propellant
with another stage’s engines thus allowing for the successful completion of a ma-
jor propulsive maneuver.

10.4.2 Technology Options

The following subsystem technologies have the potential to offer significant functional im-
provements for crew survival:
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1. Advanced Integrated Vehicle Health Management (IVHM) and real time fail-
ure prognostics, detection and mitigation software for autonomous software con-

trol of critical subsystems

Advanced avionics prognostics capability

Low power, reduced size avionics

Advanced crew situational displays and controls

Autonomous flight manager

N kW

Light weight regenerative life support systems

High speed atmospheric re-entry stabilization and deceleration devices

168




Exploration Systems Mission Directorate

Title: Lunar Architecture Focused Document No.: ESMD-RQ-0005 Baseline

Trade Study Final Report Effective Date: 22 October 2004 Page 169
Nominal Flight Sequence L1 Abort options
1. Launch From KSC a. Launch Abort from KSC
2 EOD (Earth Orbit Departure) and Booster Separation b. LEO Deorbit
3. L1 Arrival c. Powered L1 Transfer Abort, Early Return to Earth
4, Crew Transfers to Lander Which Separates, Departs L1 and d. L1 Swingby, Return to Earth

Lands on Lunar Surface e. Powered Lunar Tranfer Abort, Return to L1
5. Lander Ascent Vehicle Returns to L1 f. Lander Swingby of Moon, Early Return to L1
6. Crew Transfers to CEV and Departs L1 g. Lander Ascent Vehicle Early Return to L1
7. Earth Arrival (Into Earth Orbit or Direct Earth Entry) h. Crew Transfers to CEV and Departs L1, Shorten Transfer Time
1

Earth Arrival (Into Earth Orbit or Direct Earth Entry), Ballistic Reentry to
Unplanned Water or Land Landing Site

96 Hr From
Earth to L1

Xx- Potential Safe Haven

Figure 10.4.3-1: Trade Reference Mission Abort Options

10.4.3 Recommended Subsystem Design Approach for LDRM-2

LDRM-2 aborts will be developed and assessed for each mission phase from low Earth orbit to
the surface of the Moon and the return to Earth’s surface. Earth to orbit ascent aborts are out of
the scope of this particular study. Possible abort and safe haven modes will be developed and
assessed against the overall nominal mission requirements. Each mission phase may contain one
or more critical events as identified in the TRM critical events table. The aborts selected for this
L1 TRM only address those aborts occurring after CEV launch which result from an inability to
complete a critical event required by the LDRM. Other system failures or problems with the
crew may lead to a decision to abort the mission but those aborts can be readily accomplished by
moving forward into the next mission phase or bypassing certain mission phases when necessary
and completing a safe return to Earth transfer. The following nominal mission flight regimes
have been identified along with the critical events previously identified in Section 10.3 (Safety
and Mission Success section). Abort options are then described for each flight regime of the
LDRM.

1. Launch and Ascent to Low Earth Orbit (LEO)

This mission phase begins with the launch from Earth surface and ends after the
vehicle is established in the desired LEO.
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a. Booster or major CEV system failure
i. CEV emergency separates and returns to Earth

During the CEV launch and ascent to LEO should the Human-Rated
Launch Vehicle (HRLV) or the CEV suffer catastrophic failure the CEV
can initiate the Launch Abort System, triggering an emergency separation
from the HRLV and return to Earth using the CEV descent and touchdown
systems.

2. LEO Orbit and Rendezvous Operations

This mission phase begins after the vehicle is in LEO and ends after the comple-
tion of any LEO rendezvous and mating of the Earth Departure Stage and the
CEV or Lander.

a. CEV systems failure or failure to mate to Earth Departure Stage (EDS)
1. CEV de-orbit and return to Earth

Once the CEV has reached LEO, should the CEV suffer a significant sys-
tem failure prior to initiating the EDS L1 transfer burn (TRM-27) the CEV
must perform a standard de-orbit maneuver, reenter and touchdown on
land or water. If the abort takes place after the CEV mates to the EDS
(TRM-26) the CEV must separate from the EDS prior to re-entry. If CEV
propulsion system failures preclude performing a de-orbit maneuver, the
EDS could be used for that maneuver. Otherwise the CEV is stranded in
LEO and an Earth based CEV rescue mission is required to prevent a loss
of crew (LOC) event from occurring. The CEV would need the appropri-
ate resources to provide this safe haven for the crew until that rescue mis-
sion is performed (x-weeks).

3. LEO to L1 Transfer

This phase begins at the start of the (L1) transfer burn and ends just before the
start of the L1 arrival burn.

a. Early EDS shutdown and high elliptical orbit
i. CEV maneuver to desired orbit
ii. De-orbit burn and re-entry to touchdown

Should the EDS fail to fully complete the L1 departure burn the CEV can
separate, perform any required transfer orbit adjustments within the limits
of available CEV propulsion constraints, establish a return to Earth trajec-
tory and perform a de-orbit and re-entry to touchdown. After completion
of the L1 transfer burn the CEV can also abort by eliminating the L1 arri-
val burn and returning to Earth on the elliptical transfer orbit. The CEV
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can adjust this orbit within CEV propulsion constraints to ensure a safe
Earth re-entry and touchdown.

4. L1 Operations

This phase begins at the start of the L1 arrival burn and includes all Lander/CEV
rendezvous and mating operations. This phase ends after Lander/CEV separation
just prior to the Lander departing for the lunar surface.

a. No CEV L1 arrival burn

1. CEV swing-by at L1 and return to Earth

If the CEV can not perform the L1 arrival burn the CEV can abort by con-
tinuing on the current elliptical transfer orbit and performing any maneu-
vers necessary to establish a safe return to Earth trajectory for a direct re-
entry or aerobraking pass.

b. L1 Rendezvous and mating with the Lander

1. Either CEV or Lander can be active vehicle for mating operations

If the CEV cannot perform the L1 rendezvous and mating with the Lander,
the mission may be continued if the Lander is designed to perform the ac-
tive rendezvous and mating. If the decision is made to abort the mission
the CEV can abort back to Earth by performing a nominal L1 departure
burn and establish an L1 to Earth transfer trajectory.

c. Crew transfer failure

1. CEV return to Earth

If there is a failure to transfer the crew from the CEV to the Lander the
crew can abort the mission by separating the CEV from the Lander and
performing the nominal L1 to Earth transfer burn. Another abort option is
to use the Lander to perform the L1 to Earth transfer burn and then sepa-
rate the CEV from the Lander once a safe return to Earth trajectory has
been established.

5. L1 to Low Lunar Orbit (LLO)

This phase begins at the L1 to LLO departure burn and ends just prior to the lunar
orbit insertion burn.

a. No Lander L1 departure burn

1. Remate to CEV and CEV return to Earth

Once the crew has transferred to the Lander and separated from the CEV,
if the Lander is unable to perform the L1 to LLO transfer burn then the
Lander must remate with the CEV to allow for crew transfer back to the
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CEV and subsequent return to Earth. Either the Lander or the CEV should
be capable of performing the required rendezvous and mating maneuvers.
If Lander/CEV mating is impossible there must be a method to perform an
extra-vehicular activity (EVA) transfer of the crew from the Lander to the
CEV.

b. Bad L1 departure burn
1. Lander uses Descent or Ascent Stage to return to L1

If there is a failure of the Lander to successfully complete the L1 to LLO
transfer burn then the Lander Ascent Stage can be used to either return to
L1 or place the Lander in a Lunar swingby trajectory that will return to L1
with sufficient propellant to perform the L1 arrival burn. After returning
to L1 the Lander and CEV will mate, transfer the crew and the CEV will
return to Earth.

11. CEV Rescue

If the Lander can successfully approach L1, the CEV may be designed to
have the capability to perform a limited rescue rendezvous and mate with
the Lander to allow for crew transfer to the CEV.

6. LLO Insertion

This phase begins at the start of the LLO insertion burn and continues until the
Lander begins its descent to the lunar surface.

a. No LLO insertion burn
1. Lander swingby and return to L1

If the Lander Descent Stage is not successful in completing the LLO inser-
tion burn then the Lander must be capable of performing a lunar swingby
maneuver and returning to L1. This can be accomplished by the Lander
Ascent Stage.

b. Partial insertion burn
1. Ascent Stage delta-V maneuver and return to L1

If the Lander Descent Stage partially completes the LLO insertion burn
the Lander Ascent Stage could be used to complete the insertion and then
perform the LLO to L1 transfer burn if within the Lander propellant
budget. Otherwise the Lander Ascent Stage must be used to adjust the lu-
nar trajectory to perform a lunar swingby and return to L1 for rendezvous
with the CEV.

172



Exploration Systems Mission Directorate
Title: Lunar Architecture Focused Document No.: ESMD-RQ-0005 Baseline
Trade Study Final Report Effective Date: 22 October 2004 Page 173

7. LLO to Powered Descent Initiation

This phase begins at the start of the lunar descent burn and ends just prior to the
Powered Descent Initiation burn.

a. No de-orbit burn
1. Lander return to L1

During the Lander de-orbit and descent to the Lunar surface if any non-
propulsion related failure causes an abort the Lander Descent Stage will be
used to return to LLO where the Lander Ascent Stage can perform the
LLO to L1 transfer burn. If the Lander cannot complete the de-orbit to the
powered descent initiation point then the Lander can abort using the re-
mainder of the Descent Stage or the Ascent Stage to initiate the LLO to L1
transfer and return the crew to the CEV.

b. Partial de-orbit burn
1. Lander ascent return to LLO or L1

If a partial de-orbit burn is performed, the Lander Ascent Stage to return
the LLO, initiate the LLO to L1 transfer to return the crew to the CEV.

8. Powered Descent Initiation to Lunar Surface

This phase begins at the start of the powered descent initiation burn and ends at
lunar surface touchdown.

a. No powered descent
i. Lander Ascent Stage return to LLO

If the powered descent maneuver is not started then the Lander can use ei-
ther the Descent Stage or the Ascent Stage to return to LLO and initiate a
LLO to L1 departure burn.

b. Descent abort
1. Lander Ascent Stage return to LLO

If the need to abort the landing occurs late in the powered descent phase,
the Lander Ascent Stage will be used to return to LLO and perform the
LLO to L1 transfer burn to return the crew to the CEV.

9. Lunar Surface Operations

This phase begins just after touchdown, encompasses all lunar surface activities
and ends just prior to lunar ascent.

a. EVA suit failures
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i. Emergency ingress from EVA

During Lunar surface operations the crew must have the ability to rapidly
ingress the Lander from a lunar surface EVA to protect against EVA suit
failures. This requires the ability to rapidly transit from any EVA site
back to the Lander and reenter the Lander pressurized volume without ex-
tensive stays in any airlock. For long distance EVA sites a pressurized
rover may be required to provide a habitable environment in the event of
EVA suit failure.

10. Lunar Ascent to LLO

This phase begins at lunar ascent initiation and ends when the Lander has
achieved the desired LLO.

a. No lunar liftoff

i. Long duration safe haven until Earth based rescue mission arrives (TBD
weeks) or LOC

ii. Predeploy extended stay safe haven resources near landing site

If the Lander Ascent Stage fails to ignite then the crew is stranded on the
lunar surface and must wait for an Earth based rescue mission. To prevent
a LOC event requires the ability for a long duration (TBD weeks) safe ha-
ven on the lunar surface, which will require predeployment of safe haven
resources near the landing site.

b. Failure to reach LLO

1. No failure allowed; Lander must reach safe lunar orbit or LOC, physical
and functional redundancy is required

After liftoff from the lunar surface, the Lander must reach a safe LLO or a
LOC event will occur. Physical or functional redundancy in the Lander
Ascent Stage is required to ensure that the lunar ascent to LLO is success-
fully completed.

11. LLO to L1 Transfer

This phase begins when the Lander is in LLO, encompasses the LLO to L1 trans-
fer burn and ends just prior to the L1 arrival burn.

a. No LLO departure burn
i. LLO safe haven operations until Earth based rescue
ii. CEV rescue (depart L1 for LLO)

Upon reaching LLO if the Lander is unable to perform the LLO to LI
transfer burn then the crew is stranded in LLO until an Earth based rescue
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mission arrives or a LOC event occurs. The Lander Ascent Stage will re-
quire enough resources to accommodate the long duration safe haven
(TBD weeks) for the crew. Another option would be to use the CEV to
leave L1, enter LLO, rendezvous and mate with the Lander to rescue the
crew if there are enough propellant reserves onboard the CEV.

b. No L1 arrival burn
1. CEV capture and mate

After departing LLO for L1 the Lander must be able to perform the L1 ar-
rival burn to set up for the rendezvous and mating with the CEV. If the
Lander does not successfully complete the L1 arrival burn there will be a
LOC unless the CEV is designed to allow it to rendezvous and mate with
the Lander as it passes through L1 vicinity.

12. L1 Operations

This phase begins with the Lander L1 arrival burn and encompasses all Lan-
der/CEV rendezvous and mating operations and crew transfer operations. This
phase ends after CEV/Lander separation just prior to the CEV L1 departure burn.

a. Failure to mate Lander and CEV
1. EVA crew transfer to CEV
11. CEV return to Earth

If the Lander and CEV are unable to mate and transfer the crew to the
CEV then there must be a way to allow the crew to EVA translate to the
CEV and reenter the CEV for the return to Earth. Otherwise a LOC will
occur.

13. L1 to Earth Transfer

This phase begins with the CEV L1 departure burn and ends just prior to Earth
atmospheric re-entry.

a. No L1 departure burn prior to CEV/Lander separation

i. Cross strap CEV propellant tanks to Lander engine and complete burn
with Lander

If prior to CEV/Lander separation information is available that the CEV
will be unable to perform the L1 to Earth transfer burn then the Lander
and CEV could be designed to allow for CEV propellant to be used by the
Lander engines to complete the maneuver. This would require the use of
common engines and propellant between the CEV and Lander plus the ad-
dition of the appropriate propellant connection to allow CEV propellant to
flow to the Lander propulsion system. The CEV must also carry enough
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propellant to accommodate the extra inert mass of the Lander Ascent
Stage. The CEV and Lander can separate after the CEV is in a safe return
to Earth trajectory.

b. No L1 burn post CEV/Lander separation

1. Return to Lander and do propellant cross strap or safe haven until Earth
based rescue

ii. Physical or functional redundancy to prevent no L1 burn or LOC

If the CEV fails to perform the L1 to Earth transfer burn the CEV could
return to the Lander, remate and use the Lander engines if the necessary
propulsion system interconnects are available.

or
iii. CEV safe haven until Earth based rescue

Otherwise the CEV is stranded at L1 and must await an Earth based rescue
mission or an LOC will occur. The CEV will require the necessary safe
haven resources to provide the safe haven time for TBD weeks.

c. Post L1 departure burn
i. CEV burns to adjust trip time and touchdown site location

After completion of the L1 to Earth transfer burn the CEV is on a safe re-
turn to Earth trajectory. Minor adjustments in the trip time may be avail-
able to adjust the CEV landing site.

14. Earth Re-entry to Touchdown

This phase begins with the direct re-entry into Earth atmosphere and ends with
CEV touchdown on the Earth surface.

a. Re-entry flight control failures
i. Ballistic re-entry (no lift vector control)

The only abort addressed for the Earth re-entry to touchdown phase is the
possibility of performing a passive (zero lift) re-entry. This abort will be
possible only if the Earth return trajectory allows the re-entry G levels to
remain below the human tolerance limits during the passive re-entry. Oth-
erwise a lift vector controlled trajectory would be required to lower the g
loads in the crew and if the CEV lost all control during re-entry a LOC
event might occur if the human limits are exceeded.

b. Entry targeting failures

1. Water or land touchdown
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CEV equipped with appropriate crew survival and search and rescue gear
for touchdown site

The CEV will be designed to support either land or water touchdown al-
lowing for entry targeting failures to force the CEV to miss the desired
landing site. The LDRM architecture is using 3 hr as the time required to
find and recover the crew from the CEV after touchdown.

or

15. Earth Aerocapture to LEO

This phase begins with CEV re-entry into Earth atmosphere, encompasses CEV
aerobraking into the desired LEO operations and ends just prior to the CEV final
de-orbit burn.

a. Failure to aerocapture and circular burn (elliptical orbit)

i. Delta-V maneuver to appropriate orbit with physical or functional re-
dundancy

ii. Safe haven until Earth based rescue or natural orbital decay
iii. Passive control/ballistic re-entry

For missions designed to use aerobraking to LEO instead of a direct entry
a failure to successfully complete the aerocapture leads to the following
aborts. If the aerocapture fails to produce the desired LEO, CEV propul-
sion can be used to provide the desired orbit. In addition, the CEV may be
designed to allow for a passively controlled ballistic re-entry using the
aerobrake heat shield in addition to the CEV. Once in LEO the CEV
could provide a safe haven for TBD weeks until an Earth based rescue
could be performed.

b. Failure to aerocapture (escape trajectory)

1. LOC

If the failure to aerocapture results in an atmospheric skip out and Earth
escape trajectory there is a LOC. Physical or functional redundancy must
be provided to ensure that the CEV is safely captured into LEO.

16. De-orbit and Re-entry to Touchdown

This phase begins with the CEV de-orbit burn and ends with CEV touchdown on
Earth’s surface.

a. No de-orbit

1. Safe haven until rescue or orbital decay or LOC
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After reaching a safe LEO if the CEV fails to perform the de-orbit maneu-
ver there is a LOC unless the CEV can provide a safe haven until an Earth
based rescue can be performed.

b. Re-entry flight control failures
1. Passive re-entry (no lift vector control)

After a successful de-orbit burn the CEV will have the capability to per-
form a ballistic re-entry in the event a nominal re-entry is not possible.

c. Entry targeting failures
1. Water or land touchdown

CEV equipped with appropriate crew survival and search and rescue gear
for touchdown site

The CEV will be designed to support either land or water touchdown al-
lowing for entry targeting failures to force the CEV to miss the desired
touchdown site. The LDRM architecture is using 3 hr as the time required
to find and recover the crew from the CEV after touchdown.

10.4.4 Return Time to Earth and Return Time to CEV

Figures 10.4.4-1 and 10.4.4-2 depict the abort timelines for the L1 TRM of Lunar Design Refer-
ence Mission—2 (LDRM-2). The chart shows the maximum time required to return the crew to
Earth or to the CEV as a function of when the abort is initiated during the nominal mission
elapsed time. After launch of the Crew Exploration Vehicle (CEV) and while still in Low Earth
Orbit (LEO) for the first 3-4 days the return to Earth time remains constant at close to 3.5 hr.
This is the nominal time required to execute the de-orbit maneuver, re-enter the atmosphere,
touchdown and be recovered by ground search and rescue forces. Upon completion of the Earth
departure burn, the CEV is placed into a 94 hr transfer orbit to L1. Assuming no propulsive ma-
neuvers to modify the transfer orbit period to reduce the transfer time, the CEV will take about
twice the nominal transfer time to return to Earth. This is about 191.5 hr for the trade reference
mission. As the CEV progresses toward L1 or the Moon the return to Earth time is correspond-
ingly reduced until arrival at L1 the return to Earth time becomes the same as the initial transfer
time plus the additional 3.5 hr of Earth recovery time. The L1 architecture requires the largest
return to Earth abort time immediately after the Lunar Lander departs L1 for the Moon in a 60 hr
transfer leg. At this point, the crew is some 247.5 hr away from Earth and 150 hr from the CEV.
This time is comprised of a 120 hr transfer trajectory to and from the moon to L1, 30 hr of ren-
dezvous, mating and crew transfer operations at L1, a 94 hr transfer back to Earth plus 3.5 hr re-
covery operations. For all abort timelines, it may be possible to use propulsion systems to reduce
return times. The timelines shown in Figures 10.4.4-1 and 10.4.4-2 represent the worst-case
abort scenarios, where no off-nominal maneuvers are executed to minimize return time.
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10.5 Element Overview & Mass Properties

This section describes the key assumptions and subsystem selections used for sizing the TRM
elements and the resulting vehicle mass properties. This section also provides a description and
images of any CAD modeling done for the elements. For the trade reference mission option A2,
the CEV, Lunar Lander, Earth Departure Stages, and Kick Stage mass properties were estimated
using the Envision parametric sizing tool. The inputs for the sizing tool were selected to reflect
the technology selections as closely as possible within the existing choices in the tool.

Technology selections for the TRM vehicles are generally not the results of detailed trade studies
conducted for this architecture. Rather, they are derived from recommendations from subsystem
experts and previous higher-fidelity design efforts for similar lunar exploration concepts. Instead
of determining optimal subsystem designs for the TRM vehicles, the primary purpose of the
LDRM-2 study was to select an initial architecture and set of vehicle configurations against
which architecture trades could be performed to determine relative merits of different architec-
ture options. The technology reports in section 20.0 of this document examine in greater detail
the technology options for each subsystem and describe the technologies chosen for the trade
mission.

10.5.1 Crew Exploration Vehicle

The CEV design was driven by several major assumptions. It must support a four-person crew
for ~15 days (transit to and from L1), pressurized crew transfer to the Lunar Lander, ~12 days of
loitering at L1 with no crew onboard, a possible contingency EVA without an airlock, and a di-
rect entry at Earth with a nominal water landing (contingency land landing). In addition, the
CEV must accommodate 100 kg of return cargo. To determine average vehicle power consump-
tion for the CEV, an assumption was made of 6 kW for crew-occupied portions of the mission.
A definitive mission profile and list of subsystem components was not immediately available
during the study to create a CEV power profile and therefore derive a “bottoms-up” power esti-
mate. Instead, the average power consumption for the X-38 flight test vehicle was used as a
starting point for the CEV, with some provisions made for subsystem differences between the
two vehicles. This approach led to the 6 kW average power estimate. Due to the significant dif-
ferences between the X-38 and CEV mission profiles, though, more refined design efforts may
show that the CEV average power requirement may be reduced below 6 kW by turning off non-
critical systems during the long coasting phases of the mission. For unoccupied portions of the
mission (loiter time at Lunar L1), it was assumed that the CEV average power could be reduced
to 50% of the occupied power level. Again, future refinement efforts are needed to determine
which systems can be turned off when the crew is not onboard and which systems need to remain
powered for operational and crew safety needs. Using the mission profile and 6 kW/3 kW aver-
age power assumptions, an approximate total CEV energy requirement of 15 days*6 kW + 12
days*3 kW = 3,024 kW-hr was estimated.

The baseline CEV concept was modeled in the Pro/Engineer CAD system to demonstrate one
feasible vehicle configuration. For the LDRM-2 study, a CEV consisting of a separate capsule-
shaped Crew Module and cylindrical Service Module (analogous to the Apollo CSM) was se-
lected as a reference configuration, though other concepts in which the functionality of those two
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elements are combined into a single vehicle were considered equally feasible. The outer mold
line capsule shape of the Crew Module was chosen based on past experience with Apollo and
work performed on the Orbital Space Plane project. Equipment packaging constraints and crew
accommodations requirements led to the selection of a 5 m base diameter for the CM. The CM
base shape was scaled from the Apollo CM, and the sidewall angle of 30° was chosen to be simi-
lar to the Apollo CM sidewall angle of 32.5°. The original Apollo CM sidewall angle was cho-
sen to allow the vehicle to fly at an angle of attack such that a hypersonic L/D of 0.5 during
Earth entry could be achieved, thereby increasing the vehicle’s theoretical crossrange. Actual
Apollo missions only flew at a hypersonic L/D of 0.3, though, meaning that a sidewall angle less
than 32.5° could have been selected. Future detailed vehicle design for a CEV concept of this
type may show that the angle can be reduced which would result in increased internal volume.
The CEV Service Module was configured as a cylindrical stage with a diameter of 5 m to match
the CM base and a length of 3 m to accommodate initial estimates of the required radiator sur-
face area and surface area for access panels and thrusters. The CEV shape and size chosen for
this study may change in future studies based on differing mission architecture requirements and
more detailed analyses (i.e. re-entry heating profiles, radiator sizing, etc.).

Representative subsystem components (mostly X-38 vintage) were packaged into the vehicle
CAD model to show the feasibility of fitting the equipment assumed in the sizing into the avail-
able volume. However, the component size, shape, and packaging were not optimized for this
particular mission.

There were several key considerations when laying out the CM equipment within the 22 m® of
pressurized volume. Much of the equipment was placed low in the vehicle to help keep the vehi-
cle center of gravity low. This provided the added benefit of maximizing crew habitable volume,
which was estimated at 12 m’ (for comparison, the Apollo CM provided 10.4 m® of total pressur-
ized volume for its three passengers). The required open space for launch & entry suit donning
and doffing was estimated to also fit within the habitable volume. The crew seats were arranged
side by side to simplify secondary structure design with the heads in the “up” position during re-
entry. The seats shown will accommodate up to a 95" percentile American male and were as-
sumed to be removable for stowage while in space to increase the habitable volume. A keep-out
zone corresponding to Apollo Block II data was created around the seats for landing seat stroke.
Eighteen and a half inches were left at the crewmembers’ feet, 5™ at the head, 5.5 on each side,
and 16.5” below the seats. A side hatch was placed on the vehicle by the crewmembers’ heads
for ease of ingress/egress of a suited crewmember. Additional overriding considerations were:
logical component placement for access during flight, ease of wire and plumbing routing, and
simplicity of secondary structure design.

Outside the pressurized volume, six high-pressure RCS Tridyne (N»/O/H») propellant tanks and
two gaseous nitrogen tanks are mounted near the base of the CM. Twelve 50 1bf RCS thrusters
are distributed around the vehicle to control attitude during reentry. To provide radiation protec-
tion for the crew during transits to and from Lunar L1, a 5.5 cm thick blanket of polyethylene
material is distributed around the vehicle sidewall and top of the main habitable volume. Near
the top of the vehicle are found three round main parachutes, two drogue parachutes, and pilot
parachutes to extract the main chutes. A LIDS-type docking adapter provides for low impact,
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fully androgynous docking to the Earth Departure Stage, and a tunnel from the main pressurized
volume to the LIDS hatch allows for pressurized crew transfer to and from the Lunar Lander.

The SM layout was driven by the dimensions of its